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A B S T R A C T

In recent years there has been a significant renewed interest in hy-
brid propulsion for its unique features, in a world becoming more
careful about safety, costs and environmental impact. Since the solid
grain is made only of inert fuel and the propellants are physically sep-
arated by distance and phase, fabrication, transportation, storage, and
handling can be done in complete safety and there is no possibility of
an explosion. Moreover, the operational reliability is higher compared
to solid and liquid motors. Hybrid rocket motors can also be throttled
controlling only the flow of the liquid oxidizer and can be stopped and
restarted multiple times with an appropriate ignition system. There is
also the possibility to find several green combinations of oxidizer and
fuel within the wide propellant choice. All the inherent advantages
of hybrid propulsion can lead to a significant reduction in the total
operational costs. Unfortunately, due to the characteristic diffusive
flame mechanism, this technology presents also several disadvantages,
like low regression rate, low combustion efficiency, low volume load-
ing, and mixture ratio shift. However, most of these drawbacks can
be solved through a correct design process and choosing convenient
approaches. For this reason, the following research is focused on the
development and testing of a small hybrid rocket motor, considering
in particular possible space applications.

After introducing the hybrid propulsive system, the work starts
with a review of the fundamental theory that explains the combustion
process of hybrid rocket motors. This theory was developed in the
early Sixties by Marxman, who based the analysis on the turbulent
boundary layer combustion over a flat surface, and is in good agree-
ment with the experimental data of the solid fuel grain regression.
Briefly, in a classical hybrid motor configuration the oxidizer is in-
jected into the combustion chamber from the head end of the motor
and flows over the fuel surface. After the ignition of the motor, a
macroscopic diffusion flame develops above the solid grain. The heat
released from the reaction of combustion increases the temperature
of the fuel grain until the surface decomposes due to pyrolysis. The
vaporized fuel and the gaseous oxidizer are transported by convection
and diffusion to the flame. Here the gases mix together and react,
sustaining the combustion.

To help with the understanding of hybrid propulsion and its design,
a set of simple explicit analytical equations to describe the hybrid
rocket behavior and motor sizing are derived. Explicit relations are
required in order to have a better sensibility on the trends, possibilities,
and limits of this promising but tricky kind of propulsion system. The
equations refer to the length, the diameter, the volume loading and the
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length to diameter ratio of the combustion chamber, the performance
penalties and the thrust variations incurred with time and throttling
and the mission envelope of hybrid rocket motors. The need for these
equations comes from the fact that hybrid rockets are generally not
very flexible concerning the motor configuration, and the packaging
of the hybrid propulsion system is strongly related to the sizing of the
combustion chamber. Therefore, it is fundamental to understand how
the length, the external diameter, the volume loading and the length
to diameter ratio vary with the design parameters like scale, burning
time, average mixture ratio, initial oxidizer mass flux and propellant
combination. It is already possible to determine these quantities for
conventional hybrid rocket motors thanks to the equations available
in the literature. However, those equations are not in explicit form
with respect to the aforementioned design parameters. Moreover, it is
not possible to compute the instantaneous and average characteristic
velocities during the burn without a numerical integration over time
that interpolates a look-up table obtained from a thermochemical
code. The use of explicit analytical tools has a strong beneficial effect,
because it clearly shows the fundamental parameters affecting the
results and their sometimes not intuitive dependencies.

Afterwards, two different motor configurations are designed and
numerically verified. The two solutions are implemented in order
to develop hybrid rocket motors with high regression rate and high
combustion efficiency. The first approach is based on swirl injection
of HTP burning with a HDPE solid grain, while the second one uses an
axial injector and a propellant combination of HTP and a paraffin-based
fuel. In both cases the HTP is first forced to pass through a catalytic
reactor, where it decomposes into gaseous oxygen and water vapor at
a temperature of around 1000 K, and then is injected inside the motor
where its temperature is high enough to thermally decompose and
ignite the fuel. This technique makes the motor self ignitable and
restartable. HTP has several further advantages compared to other
available oxidizers: it is storable, it allows to use gaseous injection,
which in general has a very stable behavior since there are no droplet
evaporation instabilities, and it has no problems of poor atomization
at low pressure drops. Moreover, it permits to get full advantage of
swirl oxidizer injection.

Following the design phase, a thorough experimental analysis have
been conducted and the results are presented and discussed. The first
motor configuration has been tested in order to understand the effects
of the geometric swirl number on the performance of the propulsive
system and to investigate the possibility of tailoring the regression rate
based on the actual mission requirements. The throttling capability of
this configuration has also been verified, with a real-time deep throt-
tling firing test that uses a flow control valve specifically developed
for this purpose by the Hybrid Propulsion Group of the University
of Padova. Afterwards, since paraffin-based fuels have been often
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regarded with skepticism due to their low melting temperature and
softening point, the second configuration has been verified through a
long burning time test.

Finally, a simple approach that is useful to decide which motor con-
figuration is best suited to the intended space application is proposed.
The problems that arise when designing the flightweight version of the
same heavyweight motor are also discussed. These issues are mainly
related to the thermal behavior of the system and to the erosion of the
thermal protections. For example, if the thermal protections are not
correctly sized, the heat flux conducted towards the motor case during
the burning time can increase the temperature of the material up to its
operating limit point or beyond. Moreover, considering the time frame
that follows the motor shutdown, the heat accumulated in the system
during the burning time increases the temperature of the solid fuel
grain and the motor case, which can reach or even overcome its non-
operating limit. A monodimensional thermal analysis is presented,
considering both non-ablative and ablative thermal protections. Two
different cases have been considered, namely an expendable hybrid
rocket motor and a reusable one, where the latter can be used either
in single-fire or in multi-fire mode. The obtained numerical model
allows to size the thermal protections in order to efficiently withstand
the thermal loads.

The following research demonstrates that it is feasible to develop a
hybrid rocket motor that can fulfill the requirements of an actual space
application with high performance, thus representing an alternative
solution compared to liquid or solid rocket motors.
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1
I N T R O D U C T I O N

Rocket motors can be divided according to the system used to
produce exhaust matter and consequently thrust. Following this cat-
egorization, it is possible to distinguish among three main rocket
propulsion systems: chemical propulsion, electrical propulsion and
nuclear propulsion [109]. Chemical rocket motors are the most com-
mon ones and they use the combustion process of a propellant as
energy source. The heat released by the chemical reactions is used
to increase the internal energy of the gaseous products that is later
converted into kinetic energy in the convergent-divergent nozzle.

The phase of the stored propellant is used to identify three different
types of chemical rocket motors, namely liquid propellant motors,
solid propellant motors and hybrid propellant motors. In liquid rocket
motors the propellant is stored as liquid in tanks, as represented in
figure 1.1. The propellant can be either a bipropellant if oxidizer
and fuel are two separated liquids (stored in two different tanks), or
a monopropellant if a single liquid contains both oxidizer and fuel
(stored into a single tank). In solid rocket motors the propellant is cast
into a solid shape inside the combustion chamber, as it can be seen in
figure 1.2. Oxidizer and fuel are mixed together in the so-called solid
grain. Hybrid rocket motors use a propellant combination composed
by a liquid phase stored in a tank and a solid phase stored in the
combustion chamber. As shown in figure 1.3, in the classical hybrid
motor configuration the oxidizer is liquid and the fuel is solid, while in
the reverse hybrid the oxidizer is solid and the fuel is liquid. However,
research is focused on the former configuration, mainly because solid
oxidizers are less energetic than liquid ones (excluding cryogenic solid
oxidizers that involve storage issues) and because most liquid fuels
must be handled with care. In figure 1.4 some different hybrid motors
configurations are schematically represented.

The operation of hybrid rocket motors is completely different from
the one of liquid and solid motors, even if they appear like an inter-
mediate case and a mixture between the other two technologies. In
a liquid motor the oxidizer and the fuel are injected independently
in the combustion chamber where they mix together to form a com-
bustible mixture with a specific mixture ratio that depends on the two
mass flows. In a solid motor the oxidizer and the fuel are pre-mixed
in the solid grain with a fixed mixture ratio. In both cases there is
a uniform mixture in the whole combustion chamber. On the other
hand, in a hybrid rocket motor the oxidizer and the fuel are injected
into the combustion chamber from different sides and they burn in
a large diffusion flame, as it will be explained in more detail later in

1



2 introduction

Figure 1.1: Liquid rocket motor

Figure 1.2: Solid rocket motor

Figure 1.3: Hybrid rocket motor
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Figure 1.4: Different configurations of hybrid rocket motors

the next chapter. In this configuration, the mixture ratio varies along
the length of the combustion chamber. This fundamental difference
involves a number of distinctive features.

Hybrid rocket motors show several advantages compared to liquid
and solid motors [2, 32]:

intrinsic safety The fuel grain is made only of inert material.
Therefore fabrication, transportation, storage and handling can
be done in absolute safety. Oxidizer and fuel are physically
separated by distance and phase and there is no possibility of an
unwanted ignition. The system can be completely non-explosive
if a non-explosive oxidizer is used. For this reason NASA classifies
the propellant combination made of LOX and HTPB as zero TNT

equivalent. Moreover, in case of an emergency abort operation,
the motor can be stopped only closing the liquid oxidizer valve.

operational reliability The combustion process is regulated by
a large diffusion flame that is less sensitive to imperfections of the
fuel grain compared to solid motors, where the chamber pressure
rises proportionally to the increase of the burning area and can
easily reach the maximum design pressure of the motor in the
presence of cracks. For this reason compared to solid motors
the possibility of a catastrophic failure is largely reduced, while
compared to liquid motors only half of the turbo-machinery,
tanks and plumbing parts are required.

propulsive performance Hybrid motors can achieve a higher
specific impulse compared to solid motors, which still have the
highest volumetric specific impulse. Some propellants combina-
tions can even approach the high performance of liquid motors,
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Figure 1.5: Theoretical specific impulse for different solid, liquid and hybrid
motor propellant combinations [32]

while having a higher volumetric specific impulse. The propul-
sive performance of different solid, liquid and hybrid motors
propellant combinations are compared in terms of theoretical
specific impulse in figure 1.5.

mass flow control The thrust of a hybrid motor can be varied
in flight controlling only the flow of the liquid oxidizer through
the valve. In liquid motors the process is more complex because
two different liquid flows have to be modulated simultaneously.
Moreover, the motor can be stopped and restarted many times,
if an appropriate ignition system capable of multiple firings is
provided.

propellant versatility The selection of propellants is much
larger than with either liquid or solid motors. Like for solid
motors, it is possible to add dense metal particles inside the
fuel grain to improve the overall performance, without causing
the formation of slurries like in liquid motors. Moreover, liquid
oxidizers are more energetic compared to solid ones.

environmental friendliness It is possible to find several green
combinations of oxidizer and fuel among the wide propellant
choice, which do not involve hazardous or toxic chemical species
in the combustion process.

low cost The intrinsic safety and the operational reliability that
characterize hybrid motors have the consequent advantage of
reducing the total operational costs. The solid grain is made
only of inert fuel and it can be manufactured in a commercial
facility that does not require to follow any particular directive
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Figure 1.6: Example of increasing multiport grain configurations

on explosive materials. The fabrication costs are reduced also
because the whole system can tolerate larger design margins.
The costs for transportation, storage and handling are greatly re-
duced as well. Moreover, taking into consideration the elements
that compose the inert mass of a motor, the cost of an hybrid
system should stay between the cost of the simpler and cheaper
solid motors and the cost of the more complex and expensive
liquid motors.

Unfortunately hybrid rocket motors also present several disadvan-
tages compared to liquid and solid motors:

low regression rate Hybrid motors suffer of a low regression
rate compared to solid motors, because of the complex combus-
tion process that is regulated by a large diffusion flame. For
example, hybrid motors using polymeric fuels such as HTPB are
characterized by a regression rate that is generally one order
of magnitude lower than the one of solid motors. Therefore, a
large burning area is required to produce the fuel mass flow that
is needed to obtain the design thrust. The desired area could
be achieved using a long combustion chamber, but this would
imply a very long motor. Furthermore, the web thickness that
results from the low regression rate is small, causing a poor
volume loading. A large burning area can be achieved in a better
way if multiport grains are used, as shown in figure 1.6, but
this approach implies some disadvantages like structural issues,
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Figure 1.7: Multiport solid fuel grain of a hybrid rocket motor before (left)
and after (right) a firing test [2]

Figure 1.8: Simplified model of paraffin-based fuel combustion in hybrid
rocket motors [58]

increased inert mass like web supports, increased manufactur-
ing costs, increased injection complexity, port shape changing
during burning time and different regression rate between ports.
Moreover, multiport grains cannot burn completely, in order to
avoid the separation of the fuel web supports that would cause
the blocking of the nozzle. For this reason, a certain quantity
of unburnt fuel slivers remains at the end of the combustion
time, as it can be seen in figure 1.7. Several solutions have been
proposed recently and two in particular look promising and
have almost reached the operational status [32, 89]. The first
solution was developed at Stanford University by Karabeyoglu
and consist in the use of liquefying fuels like paraffin-based mix-
tures to manufacture the grain. This new class of fuels shows a
characteristic behavior during the combustion process, because
it forms a very thin hydro-dynamically unstable liquid film, with
low viscosity and low surface tension, on the melting fuel sur-
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face. The oxidizer flow causes the entrainment of small droplets
from the liquid-gas interface, as shown in figure 1.8. The added
mass transfer mechanism increases the fuel mass flow up to
three-to-four times compared to conventional hybrid motors
fuels [58, 59]. The operating principle of the second approach
is to alter the classical flow field in the combustion chamber, in
order to improve the heat transfer to the surface of the fuel grain
and consequently increase the regression rate. To obtain a new
flow structure, Yuasa experimented a hybrid motor with a swirl
injector placed at the fore end of the motor. The configuration
is characterized by a tangential oxidizer injector located at the
motor head end, used together with a cylindrical fuel grain with
a circular port. With this approach, a regression rate about three
times greater than that for classical axial flow hybrid motors was
found [110, 116, 117].

low combustion efficiency In hybrid motors the oxidizer and
the fuel enter the combustion chamber from two different sides,
namely the injector and the grain burning area. The consequence
is that the combustion is limited by the diffusion of the chemical
reactants towards the flame region. Here the propellants need to
mix together and reach a mixture ratio close to the stoichiometric
value before being able to burn together. In the classical hybrid
motor configuration the flow field is highly stratified and it
causes an incomplete mixing of the oxidizer with the fuel. As
a consequence, the specific impulse decreases compared to the
theoretical value due to the lower combustion efficiency. To
assure a complete mixing and combustion of the reactants, it
is possible to use a post-combustion chamber between the fuel
grain and the nozzle, in order to increase the residence time of
the chemical species inside the rocket motor. Another effective
solution is to induce a strong level of turbulence in the flow field.
The increased turbulence can be obtained, for example, by mean
of a diaphragm or a mixing plate [19, 20, 47], or if a swirl injector
is used, since it creates a helical flow field inside the combustion
chamber that enhances the mixing of the chemical species along
the motor [15, 50, 85].

mixture ratio shift Considering a classical cylindrical fuel grain
with a circular port, namely a side-burning grain, the fuel port
area enlarges during the burning time. This process causes an
enlargement of the burning surface but also a variation of the
regression rate. The two effects are generally not balanced and
the result is a decrease in the fuel production rate. Therefore,
the mixture ratio varies during the burning time with the conse-
quence that the average specific impulse decreases during the
firing of the motor, as shown in figure 1.9.
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Figure 1.9: Variation of specific impulse (left) and volumetric specific im-
pulse (right) with mixture ratio for HTPB solid fuel burning with
different oxidizers [32]

Figure 1.10: Simplified sketches of typical tank arrangements for large
turbopump-fed liquid propellant rocket engines [109]

packaging issues Compared to liquid and solid motors, hybrid
motors are generally not very flexible concerning the motor
configuration. Liquid motors are mainly composed by the tanks
where the propellant is stored, especially for systems with a low
thrust to total impulse ratio like spacecraft motors, while the
combustion chamber is relatively small because its geometry is
related almost only to the thrust and not to the total impulse.
As it can be seen in figure 1.10, tanks can assume very different
configurations in order to be packaged in the best way according
to the motor design. In solid motors the largest part of the
system is composed by the combustion chamber, where the fuel
grain is cast, which has a flexible configuration thanks to the
possibility of tailoring the regression rate and adapting the grain
shape. Therefore, it is possible to obtain several configurations to
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meet the geometrical requirements and the mission constraints.
Hybrid rocket motors have both a liquid oxidizer and a solid
fuel. The former can be easily stored with flexibility like in liquid
motors. The latter is what causes packaging issues, because the
dependency of the regression rate on the oxidizer mass flux puts
geometrical constraints that reduce the possible configurations.
The combustion chamber of hybrid motors is generally slender,
with limitations on the minimum feasible aspect ratio [11].

slow transients Compared to a liquid motor with equivalent
thrust, the combustion chamber of a hybrid motor is much big-
ger because the fuel grain is enclosed inside. Furthermore, the
internal volume changes with time due to the consumption of
the fuel grain and the same happens to the thermal lag inside
the solid fuel [4, 55]. The consequence is that the ignition tran-
sient and the response to throttling are generally slower in a
hybrid motor. In most applications this aspect can be neglected,
since reproducibility is generally more important than speed of
response. However, hybrid rocket motors cannot be used when
fast, accurate and repeatable response is required, for example if
the motor has to operate in multipulse mode.

Liquid motors usually have the highest specific impulse, can be
randomly throttled and can be stopped and restarted multiple times.
Solid motors have a simple design, with none or only few moving
parts, are ready to operate quickly and usually have the highest
volumetric specific impulse. Hybrid rocket motors offer a compromise
in performance and have long been considered an intermediate case
between the two, without showing a clear advantage. But liquid
motors have a complex and expensive design with all the required
turbo-machinery, tanks and plumbing parts. Solid motors cannot be
throttled or stopped and restarted, and a failure can be catastrophic
with a great potential of explosion. Hybrid rocket motors are an
attractive alternative for their unique features in a world becoming
more careful about safety, costs and environmental impact.

1.1 small space motors applications

Currently, hybrid rocket propulsion is not yet adopted for actual
space missions. Due to the lack of widespread use for both military
and commercial purposes, the available information on international
researches is limited to conceptual designs and laboratory-scale firing
tests. Considering a small space motor, typical applications have
a thrust that ranges between 100 N and 1000 N. The motor thrust
depends on both the required ∆v for the mission and the size of the
satellite and for this reason it can be scaled according to the payload
weight. The most interesting possible applications are, for example,
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Figure 1.11: Hybrid propulsion system (left) and liquid monopropellant
propulsion system (right) for a 25 kg spacecraft [49]

orbit insertion motors for small satellites [36, 37, 48, 49], orbit raising
and station keeping motors for orbit transfer vehicles [24, 26, 71, 93,
115], reentry systems [39], and throttleable motors for planetary soft
landing [88, 94].

At Jet Propulsion Laboratory, a remarkable work was done in the
design of small hybrid propulsive units for different CubeSat and
SmallSat missions. In particular, the CubeSat orbit insertion motor
is interesting for the following analysis [36, 37, 48, 49]. A reference
mission for Mars orbit insertion was selected and trades for different
dedicated propulsion stages were done, with a total spacecraft and
stage wet mass ranging from 25 kg to 100 kg. The propulsion system
was designed in order to be capable of trajectory corrections on the
way to Mars, Mars orbit insertion, and orbit clean-up maneuvers after
the main engine burn, assuming it is released from its rideshare before
cruise to Mars. The system was intended to be an independent propul-
sion stage, and as such it would be jettisoned prior to commencement
of the spacecraft science mission. Afterwards, propulsion systems us-
ing a hybrid rocket motor as the main engine were compared to liquid
monopropellant systems. The hybrid propulsion system was found to
outperform the liquid monopropellant system, being typically able to
deliver an extra 6 % of payload mass. The hybrid propulsion system
for a 25 kg total spacecraft mass is presented in figure 1.11, compared
with the equivalent liquid monopropellant propulsion system.

Orbit transfer vehicles are generating growing interest and one
example is the SHERPA system, which was promoting responsive space
in three major ways: allowing satellites to be stored on-orbit and
then moved into position as needed; promoting reconfigurable and
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Figure 1.12: SHERPA orbit transfer vehicle (left) and hybrid propulsion module
(right) [26, 93, 115]

maneuverable assets; producing a low cost space system that can be
easily procured [26, 93]. It was designed with capability for multi
orbit changes, station keeping, and deorbiting at the completion of a
mission. The main propulsive module was developed by SpaceDev
and it consisted of a hybrid motor with a central fuel grain made of
PMMA and four oxidizer tanks surrounding it and filled with N2O [115].
The hybrid motor had a specific impulse of 260 s and a maximum
thrust of 222.4 N. The propulsion module mass was of 43 kg out of
the 56 kg of total SHERPA mass. The whole transfer vehicle and the
propulsion module can be seen in figure 1.12.

Other examples of orbit transfer motors are the ones studied by
ESA or ONERA that were searching for alternatives to commonly used
liquid rocket motors for apogee kick maneuvers [24, 71].

A hybrid motor approach was studied as reentry system for the
Brazilian SARA satellite, which was conceived as a microgravity recov-
erable and reusable research platform [39]. The satellite is represented
in figure 1.13 together with the hybrid deorbiting motor. Two different
reentry motor configurations were proposed. The first hybrid motor
relied on a self-pressurizing N2O. The second option was more conven-
tional, as it was based on hydrogen peroxide and on a pressurization
subsystem. In both cases, paraffin was considered as the solid fuel.
An injector plate based on pressure swirl atomizers was chosen for
oxidizer injection into the combustion chamber. The main reentry
mission requirement was to produce a deboost impulse capable of
reducing the speed of the order of 235 m/s to 250 m/s, with a total
burning time between 50 s and 200 s.

Another interesting application is planetary soft landing required
for unmanned and manned missions, which have to deliver on planet
surfaces always more heavy equipment and manned modules that
cannot withstand strong impact loads or that need to maintain the
landing place as unaltered as possible. Such approach is applicable
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Figure 1.13: Conceptual design of the SARA platform [39]

Figure 1.14: Throttling firing test of the SPARTAN lander [88, 94]

in the near future to both a return of the man on the Moon and to
future Mars exploration missions. The SPARTAN research program,
for example, relied on the hybrid motor technology, exploiting its
capability of being throttled [88]. In figure 1.14 it is possible to see the
results of throttling during a firing test, where the lander is mounted
on the preliminary static test bench. The SPARTAN lander design
was based on four hybrid rocket motors that used HTP as the liquid
oxidizer and a proprietary HTPB-based polymer mixture as the solid
fuel. The motor demonstrated a throttling ratio of 10 to 1 with tight
thrust reproducibility [94].

1.2 project objective and thesis outline

In recent years there has been a significant renewed interest in hy-
brid propulsion for its unique features, in a world becoming more
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careful about safety, costs and environmental impact. Unfortunately,
this technology presents also several disadvantages, due to the charac-
teristic diffusive flame mechanism. However, most of these drawbacks
can be solved through a correct design process and choosing conve-
nient approaches. This is not always a trivial work and this is the
reason why, despite many efforts, most of the international contribu-
tion to this field is limited to conceptual designs and laboratory-scale
firing tests. Therefore, the following research is focused on the de-
velopment and testing of a small hybrid rocket motor, considering in
particular its possible space applications. The final ambition of this
work is to design a viable alternative to replace conventional propul-
sive systems, demonstrating its high performance and adaptability to
different mission scenarios.

To achieve this goal, the following workflow is adopted. First, in
order for hybrid rocket motors to be competitive, it is necessary to
understand their peculiar behavior, especially related to the mixture
ratio shift, and how the fuel grain shape and size are dependent on
motor design parameters. Afterwards, it is fundamental to design
a hybrid motor configuration that is simple and efficient. A CFD

code should be used as a support in order to obtain the best results
from the design process, since a numerical analysis can be a powerful
instrument to predict the system operation. The design must be
tested through an extensive experimental campaign, whose results
are fundamental to refine the propulsive system and to calibrate the
numerical simulations as well. Furthermore, the best configuration
should be selected, depending on the intended application. Finally, the
heavyweight design used for testing purpose needs to be converted in
the flightweight version, taking into account new problems that arise
during this process, like the thermal behavior of the system. In order
to better understand the structure of the work that has been performed
by the author, an outline of the thesis is presented hereunder.

In chapter 1 hybrid rocket motors are introduced and compared
to conventional propulsive systems. Their inherent advantages ad
disadvantages are discussed as well. Moreover, possible interesting
applications are presented.

In chapter 2 the fundamental theory that explains the combustion
process of hybrid rocket motors is presented.

In chapter 3 a set of simple explicit analytic equations to describe
the hybrid rocket behavior and motor sizing are derived, in order to
have a better sensibility on the trends, possibilities, and limits of this
promising but tricky kind of propulsion system.

In chapter 4 two different motor configurations are designed and
numerically verified, in order to develop hybrid rocket motors with
high regression rate and high combustion efficiency.

In chapter 5 the results of a thorough experimental analysis are
presented and discussed, after a description of the experimental setup
that has been used during the whole test campaign.
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In chapter 6 a simple approach that is useful to decide which
motor configuration is best suited to the intended space application is
proposed. The problems that arise when designing the flightweight
version of the same heavyweight motor are also discussed.

In chapter 7 the conclusions are finally presented.



2
H Y B R I D C O M B U S T I O N T H E O RY

In a classical hybrid rocket motor configuration the oxidizer is
injected into the combustion chamber from the head end of the motor
and flows over the fuel surface. After the ignition of the motor, a
macroscopic diffusion flame develops above the solid grain. The heat
released from the reaction of combustion increases the temperature
of the fuel grain until the surface decomposes due to pyrolysis. The
vaporized fuel and the gaseous oxidizer are transported by convection
and diffusion to the flame. Here the gases mix together and react,
sustaining the combustion. A detailed model of the physical processes
involved in the hybrid combustion, namely the interface energy flux
balance, the chemical species mass flux balance and the overall mass
flux balances, is represented in figure 2.1.

All the physical processes of hybrid combustion take place inside
the boundary layer, which is defined as the layer of fluid close to
the surface where the effects of viscosity are significant and thus not
negligible. On the other hand, outside the boundary layer the fluid
flow can be approximated as inviscid. For each specific variable it is
possible to define a related boundary layer where large gradients occur:
the velocity is affected by friction inside the momentum boundary
layer, where the flow has to slow down to fulfill the condition of
no-slip at the wall; the temperature changes from the free stream
value to the surface temperature inside the thermal boundary layer;
the chemical concentration changes from the free stream value to the
value at the wall inside the species boundary layer.

It is possible to start considering the general conservation equation
in the eulerian form for a general fluid unknown:

∂Φ
∂t

+ v ·∇Φ = DΦ∇2Φ + SΦ (2.1)

The first term represents the time variation of the quantity Φ, the
second one is the convective transport of Φ, the third term is the
diffusion of Φ, and the last one represents a source or sink for the
variable Φ. Velocity, temperature, chemical concentration and all
the other fluid unknowns follow the same equation, suggesting a
similar behavior for all of them. This is the basis of the Reynolds
analogy, which states that under specific conditions the solutions to the
conservation equation are similar, implying that all the fluid quantities
follow the same profile. The profiles of different fluid unknowns
can be related to each other by means of adimensional parameters,
defined as the ratio between the diffusive transport of Φ1 and the
diffusive transport of Φ2, which also represents the ratio between

15
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Figure 2.1: Physical processes involved in hybrid combustion [32]
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the thicknesses of the different boundary layers. Some adimensional
parameters of interest for the following discussion are, for example,
the Prandtl number, the Lewis number and the Schmidt number:

Pr =
momentum diffusivity

thermal diffusivity
=

ν

α
=

µcp

λ
(2.2)

Le =
thermal diffusivity

mass diffusivity
=

α

D
=

λ

$cpD
(2.3)

Sc =
momentum diffusivity

mass diffusivity
=

ν

D
=

µ

$D
= PrLe (2.4)

Thanks to the Reynolds analogy, the profile of only one fluid unknown
is needed, while the others can be scaled according to the adimensional
parameters and the boundary layer values. Moreover, if the profiles of
different variables are similar, the same happens to their derivatives.
An important consequence of the Reynolds analogy is that it is possible
to obtain the heat flux from the shear stress, where the former is
proportional to the thermal gradient and the latter is proportional to
the velocity gradient:

q̇ = −λ
∂T
∂y

(2.5)

τ = µ
∂v
∂y

(2.6)

This technique is widely used to solve heat transfer problems knowing
the solution of the momentum equation. It has been used by Marxman
as well to develop its hybrid combustion theory and a correlation for
the regression rate of the solid fuel grain.

2.1 regression rate model

The fundamental theory that explains the combustion process of
hybrid rocket motors, and consequently the regression of the solid
fuel grain, was developed in the early Sixties by Marxman, who based
the analysis on the turbulent boundary layer combustion over a flat
surface [74–77]. The assumption is that the boundary layer is turbulent
and the combustion occurs in an infinitely thin flame zone, located
where the reagents concentration goes to zero. This is the so-called
flame-sheet approximation, which is exact only in a laminar boundary
layer with an infinite reaction rate, but is acceptable also in a turbulent
boundary layer even if there are temporal and spatial fluctuations
of the flux quantities. Experimental observations estimate the flame
thickness to be about 10 % of the boundary layer thickness and the
flame position above the fuel surface to be approximately 10 % to 20 %
of the boundary layer thickness, not exactly where the concentration
of the combustion reactants equals the stoichiometric conditions [75].
However, for typical operating conditions of hybrid rocket motors,
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Figure 2.2: Boundary layer structure in hybrid rocket motors

the chemical reactions rate is much greater than the reactants mixing
rate in the turbulent flame. For this reason it is possible to consider
the combustion as controlled by diffusion and occurring with an
infinite fast rate at the flame. This is represented by a large Damköhler
number, which is defined as the ratio between the turbulent time scale
and the chemical time scale:

Da =
τt

τc
� 1 (2.7)

Looking at the boundary layer schematically represented in figure
2.2, the model allows to divide the layer in two different regions sepa-
rated by the flame-sheet. In the upper zone the oxidizer that comes
from the external flow diffuses through the combustion products to
the position where the flame develops, while in the lower zone the
fuel vaporizes from the grain surface and migrates upwards.

The starting point for developing a regression rate model is to
assume for simplicity a slab configuration at a steady state condition
and to consider a simplified heat balance at the fuel surface. In this
configuration the heat flux to the wall surface is equal to the sum of
the heat required for the fuel vaporization and the heat conducted
inside the solid grain:

q̇w = ṙ$ f Lv + q̇cond (2.8)

It is possible to demonstrated that the energy lost for conduction is
equal to the heat required to heat up the solid fuel from the initial tem-
perature to the wall temperature. It is then possible to rewrite the heat
balance at the surface introducing the effective heat of vaporization:

q̇w = ṙ$ f Lv + ṙ$ f c(Tw − Tin)

= ṙ$ f [Lv + c(Tw − Tin)] = ṙ$ f hv
(2.9)
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The wall heat flux is composed by a convective term and a radiative
one. In the classical hybrid combustion theory the radiative component
is neglected because in typical operating conditions the convective
heat flux is predominant. However, a correction was later introduced
to take into account also the contribution of radiation to the wall heat
flux [75]. Another assumption is to set the Prandtl number and the
Lewis number equal to one, implying also a unitary Schmidt number.
This hypothesis is made frequently for turbulent flows of gas mixtures
and forces the same thickness of the thermal boundary layer, the
momentum boundary layer and the species boundary layer. Another
strong assumption is to treat the fluid as incompressible. Even if it
is an incorrect hypothesis it is acceptable to simplify a very complex
process. Therefore, it is possible to rewrite the expression of the wall
heat flux relating this fluid unknown to the wall shear stress:

q̇w = q̇conv +�
�q̇rad = −λ

∂T
∂y

= − λ

cp

∂h
∂y

= −µ
∂h
∂y

(2.10)

In order to proceed with the mathematical treatment, the Reynolds
analogy has to be applied between the fuel surface and the flame-sheet.
As previously stated, with this method it is possible to obtain the heat
flux from the shear stress:

q̇w

hfl − hw
=

τw

vfl − vw
(2.11)

Applying the no-slip condition, which imposes a zero velocity at the
wall to viscous fluids, the last equation can be rewritten as:

q̇w = τw
hfl − hw

vfl
(2.12)

The wall shear stress can be related to the skin friction coefficient and
to the fluid properties at the outer edge of the boundary layer:

τw =
1
2

$ev2
e C f (2.13)

Using this correlation it is possible to obtain the following expression
of the wall heat flux:

q̇w =
1
2

$eveC f
ve

vfl

(
hfl − hw

)
(2.14)

Remembering the equation of the heat balance at the surface, it is
possible to rewrite the previous expression:

ṙ$ f hv =
1
2

$eveC f
ve

vfl

(
hfl − hw

)
=

1
2

$eveC f
ve

vfl
∆h (2.15)

The enthalpy difference expression can be generalized to include
heterogeneous chemical reactions at the surface of the solid fuel. This
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assumption is supported by experimental findings that confirmed the
presence of a non-negligible quantity of oxidizer in the zone beneath
the flame, which can cause chemical reactions like oxidizer attack at
the grain wall [76].

Up to now, the vertical fuel flow that comes from the vaporizing
grain surface has not been introduced yet. This phenomenon is called
blowing and it alters the velocity and temperature profiles with re-
spect to the case without blowing, stretching the boundary layer and
increasing its thickness. For this reason, the velocity and temperature
gradients are reduced and consequently the shear stress and the heat
flux decrease. The blowing parameter is an adimensional number that
describes the flow over a blowing surface and it is determined as the
ratio between the vertical and the horizontal flows:

B =
ṁ f

1
2 $eveC f

(2.16)

In a hybrid rocket motor this parameter depends only on the oxidizer
mass flow becuase the regression of the fuel surface is regulated by
the fluid dynamics of the boundary layer. Introducing the blowing
parameter, the expression of the mass flux from the wall becomes:

ṙ$ f =
1
2

$eveC f B (2.17)

B =
ve

vfl

∆h
hv

(2.18)

The blowing parameter, which depends only on the thermochemical
properties of the propellants used, has a dual nature: it represents
a similarity parameter of a boundary layer with mass flux from the
wall, as well as a thermodynamic parameter quantifying the fuel
regression caused by the enthalpy difference between the flame and
the fuel surface. As a consequence, a constant blowing parameter and
a unitary Lewis number imply that the momentum profile, the species
profile and the enthalpy profile are similar.

Moreover, it is possible to determine the velocity ratio and the
position of the flame, assuming as a first approximation that the flame
is established where the chemical reactants concentration reaches the
stoichiometric condition, with a treatment that is omitted here for the
sake of brevity:

Φfl =
vfl

ve
=

ϕ ∆h
hv

Xoxe + (ϕ + Xoxe)
∆h
hv

(2.19)

ηfl =
yfl

δ
=


√

1 + 2BΦfl
(
1 + B

2

)
− 1

B


1
n

(2.20)

However, experimental measurements confirm that the flame is on the
fuel rich side and that it burns at a slightly lower mixture ratio and
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at a lower position [75]. This result can be explained by the several
approximations of the model developed by Marxman.

The introduction of the skin friction coefficient allows to solve
the heat transfer problem using the extensive amount of data in the
literature about friction in a turbulent boundary layer. The value of the
skin friction coefficient in a boundary layer with blowing from the wall
is computed from its value in the case without blowing, obtained using
an empirical correlation developed for a turbulent incompressible flow
over a flat plate:

C f =
C f

C f0

C f0 (2.21)

C f0

2
= 0.029Re−0.2

x (2.22)

where the local Reynolds number is defined as:

Rex =
$eve

µe
x (2.23)

The ratio C f /C f0 represents the reduction of the skin friction coefficient
due to the wall blowing. It can be expressed as a function of the
blowing parameter only that has to meet the conditions of C f /C f0 = 1
for B = 0 and C f /C f0 → 0 for B→ ∞:

C f

C f0

=

[
ln(1 + B)

B

]0.8
[

1 + 13
10 B + 4

11 B2

(1 + B)
(
1 + 1

2 B
)2

]0.2

(2.24)

However, this analytical expression can be approximated with a nu-
merical fit valid over a wide interval of the blowing number, or using
a more accurate expression later developed by Altman that is valid in
the range of typical operating conditions of hybrid rocket motors [3]:

C f

C f0

= 1.27B−0.77 for 5 ≤ B ≤ 100 (2.25)

C f

C f0

= B−0.68 for 5 ≤ B ≤ 20 (2.26)

It is worth noting that both numerical fits provide the correct asymp-
totic value for B→ ∞, but not for B = 0 where C f /C f0 → ∞.

At this point all the quantities are known and substituting them in
equation (2.17) it is possible to obtain the following expression:

ṙ$ f = 0.029
(µe

x

)0.2
($eve)

0.8B0.32 (2.27)

Approximating the product $eve with the local mass flux G:

ṙ$ f = 0.029
(µe

x

)0.2
G0.8B0.32 (2.28)
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and combining all the terms that are constant as a first order approxi-
mation, the last equation becomes:

ṙ = a1G0.8x−0.2 (2.29)

It is now possible to average the regression rate expression over the
solid grain length and the burning time, obtaining the space-time
averaged form of the regression rate law [60]:

ṙ = a2(ϕ)G0.8L−0.2 (2.30)

ṙ = a3(ϕ)G0.8
ox L−0.2 (2.31)

where the oxidizer mass flux is defined as:

Gox =
ṁox

Ap
(2.32)

Both the equations correspond to the general expression that fits the
experimental data and this result confirms the validity of the basic
principle of the theory developed by Marxman:

ṙ = a4(ϕ)Gn
oxLm (2.33)

The values of the coefficient a and of the exponents n and m are ob-
tained through experimental data, because they are different from the
ones predicted by the theory developed by Marxman, considering all
the assumptions and approximations introduced to obtain a solution.
Finally, it is possible to include the mixture ratio correction and the
effect of the fuel grain length in the coefficient a:

ṙ = aGn
ox (2.34)

Analyzing equations (2.17), (2.18) and (2.28), it is possible to notice
that the blowing number and consequently the regression rate are
proportional to the enthalpy ratio ∆h/hv, which is essentially fixed
by the choice of the propellant combination. This behavior can be
explained considering that a higher enthalpy difference between the
grain surface and the flame causes higher thermal gradients and thus a
higher heat flux, whereas a lower effective heat of vaporization results
in a lower energy necessary to vaporize the solid fuel. But since the
blowing parameter is raised to a small power, even large variations of
the enthalpy ratio have a small influence on the regression rate. This
happens because a higher regression rate causes an increase of the
fuel mass injected from the grain wall into the boundary layer that
reduces the convective heat transfer to the surface, which in turns
leads to a consequent decrease of the regression rate, and so forth.
This phenomenon is the so-called blocking effect.

Looking again at equation (2.28), it is possible to notice that the
expression of the regression rate found by Marxman is dependent
on the local mass flux. This quantity is evaluated as the sum of the



2.1 regression rate model 23

Figure 2.3: Regression rate of a lab-scale hybrid rocket motor [34]

oxidizer injected from the head end of the motor and of the fuel added
from the blowing grain surface. For this reason, the local mass flux
increases along the motor length. However, the regression rate law has
also a negative dependence on the axial position. This can be explained
considering that the increase of the boundary layer thickness causes a
decrease of the heat transfer between the flame and the fuel surface.
The presence of this two opposite effects results in the existence of
a minimum regression rate location, as it can be seen in figure 2.3
that summarizes the results of the experimental tests conducted by
Chiaverini to analyze the internal ballistics of a lab-scale hybrid rocket
motor [34]. From the head end of the grain until the point of minimum
the regression rate decreases due to the growing of the boundary layer,
whereas downstream the point of minimum the increase of the local
mass flux leads to a higher regression rate. The result of this two
opposite effects is a slow variation of the regression rate along the
axial position. Furthermore, this smooth trend is also enhanced by a
self-compensating mechanism: the local enlargement of the port area
causes a decrease of the local mass flux and consequently of the local
regression rate. This is an advantage compared to the coupling among
burning area, mass flow, chamber pressure and regression rate in solid
rockets, which can lead to a catastrophic failure due to a variation of
the burning area.

The local mass flux also decreases during the burning time due
to the enlargement of the port area, leading to a similar variation
of the regression rate with time. This phenomenon causes the shift
of the point of minimum regression rate to axial positions further
downstream, because the effect of the local mass flux on the regression
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rate is more important than the one of the axial position. For this
reason, the decrease of the local mass flux enhances the effects of the
growing boundary layer.

Moreover, the regression rate correlation developed by Marxman
has a dependence on the scale of the motor. As the term that represents
the length of the motor is raised to a negative power, the regression
rate decreases for longer motors. This behavior is the opposite of the
desired one because bigger motors require a faster regression rate to
have high volume loading.

It is important to note that the space-time averaged form of the
regression rate law is generally more accurate than the local one.
The reason is that the local form has a singularity for x → 0, while
the actual regression rate has a finite value. At the head end of the
motor the regression rate is strongly dependent on the flame-holding
mechanism and on the injection type [23, 27–29, 90]. All this effects
are even more relevant for fuel grains with a low aspect ratio.

2.2 thermal radiation effects

The radiative component of the wall heat flux is not always negligi-
ble compared to the convective one. For example, this is the case of
solid grains with a high percentage of metal additives or solid fuels
that produce a high amount of soot. Marxman later introduced a
correction to the regression rate model, in order to add the radiation
contribution caused by the gas-phase combustion products [75]. First,
it is necessary to define the convective heat flux and the radiative heat
flux as follows:

q̇conv = 0.036hv

(µe

x

)0.2
G0.8B0.32 (2.35)

q̇rad = σεw

(
εgT4

fl − αgT4
w

)
(2.36)

The radiative component of the wall heat flux is defined by two
terms: the first one is the radiative heat flux emitted by the flame and
absorbed by the wall, while the second one is the radiative heat flux
emitted by the fuel surface and absorbed by the flame. The second
term is generally negligible compared to the first one, because in
hybrid rocket motors the typical temperature of the flame is around
3000 K while the surface has a temperature of about 1000 K and the
zone where the gas-phase reactions occur has a comparable emissivity
and absorptivity.

It is now possible to write the expression of the regression rate for a
system where both the convective and the radiative heat transfer are
included:

ṙ$ f =
1
hv

[
q̇conv exp

(
−0.75

q̇rad

q̇conv

)
+ q̇rad

]
(2.37)
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Figure 2.4: Coupling between convective and radiative heat fluxes [77]

Due to the intrinsic blocking effect, a weak radiative heat flux has
a small effect on the total wall heat flux and consequently on the
regression rate. The explanation is that a higher total wall heat flux
causes an increase of the regression rate, which translates into a higher
blowing from the fuel surface that in turn causes the blocking of
a larger portion of the convective heat flux. This is confirmed by
experiments conducted by Marxman, showing that the regression
rate experiences only a 10 % increase when a radiative flux with a
magnitude of half the convective heat flux is added [77]. This behavior
suggests that the effect of radiation is almost always negligible. An
exception is the case of metallized fuels, where the radiative heat
transfer from the particles contributes significantly to the regression
rate. When the radiative heat flux is equal to the convective term in
the case without radiation, the total wall heat flux is only 47 % higher,
due to the decrease of the convective heat flux caused by the blocking
effect. The coupling among the convective heat flux, the radiative heat
flux and the total wall heat flux is shown in figure 2.4.

It is important to note that soot and other solid particles behave
nearly as black bodies, while the gaseous molecules release radia-
tion energy only in specific emission bands related to their excited
states. The emissivity of the gas-phase is dependent on the number of
molecules for unit of volume and so is related to the pressure:

εg = 1− e−kgDP (2.38)

This means that with an increasing pressure the influence of the
radiative heat flux becomes more important. When the radiative flux
is the dominant part of the total wall heat flux, the regression rate is
no longer dependent on the mass flux.

Strand tested a lab-scale hybrid rocket motor in order to analyze the
radiative heat flux originated from both the gas-phase and the soot
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Figure 2.5: Effect of the pressure on the regression rate [34]

particles [108]. The gas-phase radiation and the soot radiation were
estimated using empirical expressions:

q̇radg = σT4
g

(
1− e−kgDP

)
(2.39)

q̇rads = σT4
g

(
1− eap Np

)
(2.40)

where the gas-phase absorption coefficient kg is dependent on the
pressure and the term apNp is a function of the particles weight
fraction, the mixture ratio and the pressure:

kg = 9.33× 10−4 − 6.19× 10−6P + 1.79× 10−8P2 (2.41)

apNp = 0.134
(

αpP
1 + ϕ− αp

)
(2.42)

The result of the experimental campaign was that the radiative heat
flux is more than 50 % of the total wall heat flux when both the gas-
phase term and the soot one are included.

Chiaverini found that the radiative heat flux plays an important role
in the regression rate of a hybrid rocket motor burning HTPB with GOX

[33, 34]. Figure 2.5 shows how the pressure influences the regression
rate. In the zone of low mass flux a higher radiative heat flux causes
an increase of the regression rate at higher pressures. Moreover, the
regression rate becomes less dependent on the total mass flux. Starting
from the results of Strand, it was possible to find that the radiation
due to soot presence is about 80 % of the total radiative heat flux:

q̇rads = σT4
g

(
1− e−ks

)
(2.43)

where the soot absorption coefficient ks is related to the mixture ratio:

ks = 0.51− 0.113ϕ (2.44)
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From this expression it is possible to see that the soot emissivity
decreases with the increase of the mixture ratio. The explanation is
that there is more oxidizer ready to burn with the fuel produced by the
pyrolysis of the solid grain. Moreover, Chiaverini demonstrated that
the total heat flux curve has nearly the same shape as the convective
heat flux curve but differs in magnitude, so the radiation cannot be
ignored for non-metallized fuels as previously thought. However, this
study was related to HTPB burning with GOX, while other propellant
combinations could present a much lower soot formation.

2.3 chemical kinetics effects

The results of the regression rate model proposed by Marxman are
based on the hypothesis that for typical operating conditions of hybrid
rocket motors the Damköhler number is very high, meaning that the
chemical reactions rate is much greater than the mixing rate of the
reactants in the turbulent flame. However, in the operating region
of very high mass fluxes this approximation is not valid anymore
because the residence time of the gases in the combustion chamber
largely decreases at higher oxidizer injection velocities. Therefore,
in this region it is necessary to take into account also the chemical
kinetics that causes a reduction of the regression rate. Moreover, the
pressure influences the regression rate because the chemical reaction
rate becomes higher at increasing pressures. The regression rate
dependence on the pressure at very high mass fluxes is caused by
two phenomena: the kinetics of the gas-phase reactions between the
oxidizer and the pyrolyzed fuel, and the kinetics of the heterogeneous
reactions between the oxidizer and the solid fuel at the grain surface.

Wooldridge and Marxman derived a normalized regression rate
expression dependent on the Damköhler number, which to recall is
defined as the ratio between the turbulent time scale and the chemical
time scale.

Da =
τt

τc
� 1 (2.45)

Taking into account the chemical kinetics of both the gas-phase reac-
tions and the heterogeneous reactions, it is possible to obtain:

ṙ
ṙ0

= (2Da)0.5
{

1−Da
[

1− exp
(
− 1

Da

)]}0.5

(2.46)

where the reference regression rate is computed in the region of
pressure independence. The correlation is plotted in figure 2.6.

The chemical kinetics is the limiting parameter when the Damköhler
number is high. This happens when the combustion chamber pressure
is low or when the mass flux is high. In this region the previous
equation simplifies to:

ṙ
ṙ0

= (2Da)0.5 (2.47)
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Figure 2.6: Effect of the Damköhler number on the regression rate [32] (note
that in the reference this parameter is defined inversely to the one
used in the text)

If a second-order reaction is considered, the Damköhler number can
be approximated as follows:

Da = c1

(
Px0.2

G0.8

)
(2.48)

where the constant c1 includes the effects of the blowing parameter,
the flame temperature and the gas viscosity. Combining the last two
equations it is possible to write:

ṙ
ṙ0

= c2

(
P0.5x0.1

G0.4

)
(2.49)

Substituting the reference regression rate equation (2.28) and absorb-
ing the blowing number into the constant c2, it is possible to obtain the
expression of the regression rate for the kinetically controlled region:

ṙ = c3P0.5G0.4x−0.1 (2.50)

Even if this correlation has a qualitative meaning, it underlines that in
the region of very high mass fluxes the regression rate is dependent
on the pressure and less dependent on the total mass flux.

2.4 regression rate behavior

It is useful to summarize the last considerations on the regression
rate of hybrid rocket motors with the help of figure 2.7, which qual-
itatively represents the correlation between the regression rate and
the total mass flux in a logarithmic plot. Here the basic Marxman
correlation appears as a straight line with a slope equal to the expo-
nent n. For intermediate mass fluxes the regression rate is dominated
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Figure 2.7: Variation of the regression rate with the total mass flux: loga-
rithmic plot (top) and zoom of the pressure dependent regions
(bottom)

by the turbulent diffusion and is independent of the radiation or the
chemical kinetics. For low mass fluxes the influence of the radiative
heat flux increases because the turbulent convection component of the
total wall heat flux is small, causing a flattening of the slope of the
curve. In this region a lower pressure increases the linear part of the
curve further decreasing the regression rate. For high mass fluxes the
effect of the chemical kinetics is more important because the residence
time of the gases is reduced, causing a decrease of the slope of the
curve. In this region a higher pressure increases the linear part of the
curve, and consequently also the regression rate.

2.5 mixture ratio shift

As already anticipated in chapter 1, one of the disadvantages of
hybrid rocket motors is the mixture ratio shift that occurs during the
burning time. In liquid rockets the oxidizer to fuel ratio can be directly
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Figure 2.8: Adimensional mixture ratio shift for hybrid motors: with port
diameter (left) and with oxidizer mass flux (right)

controlled adjusting the mass flow of the propellants, while in solid
rockets the mixture ratio is constant because fuel and oxidizer are
pre-mixed in the solid grain matrix. On the other hand, in hybrid
rocket motors the mixture ratio shifts during the operation because
only the oxidizer mass flow can be directly controlled, whereas the
fuel generation is determined by the complex combustion process.
Considering a classical cylindrical grain with a circular port, the fuel
port area enlarges with time causing an increase of the burning surface
but at the same time a decrease of the regression rate. These two effects
are generally not balanced and they cause the variation of the mixture
ratio with burning time.

Remembering the regression rate correlation for a solid grain with
a single circular port:

ṙ = aGn
oxLm (2.51)

it is possible to rewrite the definition of the mixture ratio, which is the
ratio between the oxidizer and the fuel:

ϕ =
ṁox

ṁ f
=

ṁ1−n
ox D2n−1

p

aπ1−n4n$ f L1+m (2.52)

Two different situations can be analyzed, namely the variation of the
mixture ratio during the burning time for a constant oxidizer mass
flow (caused by grain port enlargement) or for a variable oxidizer
mass flow (that is motor throttling). The adimensional mixture ratio
shift for the two cases is represented in figure 2.8.

The first case occurs when the oxidizer mass flow is kept constant
during the combustion. During the burning time the circular port
of the solid grain enlarges, increasing the fuel burning area and
decreasing the oxidizer mass flux. The fuel mass flow is dependent
on both the regression rate and the burning area. Considering that
only the port diameter varies with time and that the exponent of this
parameter is 2n − 1, it is possible to divide this situation in three
subcases. For n = 0.5 there is no mixture ratio shift because the
increase of the burning area is perfectly balanced by the reduction of
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the regression rate. For n < 0.5 the mixture ratio decreases during the
burning time because the enlargement of the port area is more relevant
than the reduction of the regression rate. For n > 0.5 the mixture
ratio increases with time because the reduction of the regression rate
prevails on the increasing of the burning area, leading to a decrease of
the fuel mass flow.

The second case is when the oxidizer mass flow is throttled. The
mixture ratio depends on the oxidizer mass flow raised to the power of
1− n. For this reason for n = 1 there is no mixture ratio shift because
this case represents a linear correlation between the oxidizer mass
flow and the fuel mass flow. Unfortunately, the mass flux exponent is
always n < 1 and even the one predicted by Marxman is n = 0.8. The
fuel mass flow variation is always sub-linear and it causes a mixture
ratio shift during the throttling. Since the variation of the fuel mass
flow caused by the oxidizer throttling is lower than the ideal case, it is
necessary to have a higher throttling ratio to obtain the wanted fuel
variation.





3
A N A LY T I C A L T O O L S F O R S Y S T E M D E S I G N

Hybrid rocket motors have several potential advantages with respect
to other propulsion systems currently used, as discussed in chapter
1. However, they are generally not very flexible concerning the motor
configuration, and the packaging of the hybrid propulsion system is
strongly related to the sizing of the combustion chamber. Therefore, it
is fundamental to understand how the length, the external diameter,
the volume loading and the length to diameter ratio vary with the
design parameters such as scale, burning time, average mixture ratio,
initial oxidizer mass flux and propellant combination. It is already
possible to determine these quantities for conventional hybrid rocket
motors thanks to the equations available in the literature. However,
those equations are not in explicit form with respect to the aforemen-
tioned design parameters. Moreover, it is not possible to compute the
instantaneous and average characteristic velocities during the burn
without a numerical integration over time that interpolates a look-up
table obtained from a thermochemical code.

This chapter is intended to help the understanding of hybrid propul-
sion and its design. To achieve this goal, a set of simple explicit
analytical equations to describe hybrid rocket behavior and motor
sizing has been derived, in order to have a better sensibility on the
trends, possibilities and limits of this promising but tricky kind of
propulsion system [11]. The equations refer to the length, the diameter,
the volume loading and the length to diameter ratio of the combustion
chamber, the performance penalties and the thrust variations incurred
with time and throttling and the mission envelope of hybrid rocket
motors. The use of explicit analytical tools has a strong beneficial
effect, because it clearly shows the fundamental parameters affecting
the results and their sometimes not intuitive dependencies.

3.1 motor behavior characterization

Hybrid rocket performance is affected by the fact that the mixture
ratio is not controlled and varies with time and throttling [3, 22]. For
the sake of clarity, the mixture ratio shift with diameter for a constant
oxidizer mass flow is defined as:

ϕ

ϕ0
=

(
D f

D0

)2n−1

= R2n−1 (3.1)

If the regression rate exponent is n = 0.5 the mixture ratio is constant
with time, if it is higher the mixture ratio increases, while the opposite
occurs for lower values. This behavior is shown in figure 3.1. The

33
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Figure 3.1: Variation of mixture ratio with diameter ratio for n ≤ 0.5 (left)
and n ≥ 0.5 (right)

Figure 3.2: Variation of mixture ratio with throttling

mixture ratio shift with throttling of the oxidizer flow is described by
the following equation:

ϕ

ϕ0
=

(
ṁox

ṁox0

)1−n

(3.2)

In this case if n = 1 no mixture ratio shift occurs, while for lower
values (as in typical hybrids) the fuel mass flow variation is sublinear,
as it can be seen in figure 3.2. The consequence of the mixture ratio
shift is a variation of the total propellant mass flow, along with the
characteristic velocity, specific impulse and chamber pressure. The
total mass flow is calculated from the mixture ratio. Chamber pressure
and thrust are calculated by the following equations:

PccAt = ṁtotc? (3.3)

F = ṁtot Ispg0 (3.4)

The calculations require the knowledge of the characteristic velocity
and specific impulse. These are generally computed with a look-
up table created with a thermochemical code. Even if this is pretty
simple to do with modern computers, it is still useful to obtain an
explicit analytical expression for the variation of thrust and chamber
pressure. A crude zero order approximation is to use the previous
equations with constant values of specific impulse and characteristic
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velocity, so that thrust and pressure vary only with the total mass
flow. A better approximation is presented here based on the work
of Koehler and Schmucker [66, 103]. The characteristic velocity is
approximated with an explicit function of the mixture ratio only. This
is a good approximation as the effect of chamber pressure on the
characteristic velocity is much smaller if the pressure is sufficiently
high (as a rule of thumb higher than 10 bar). Comparing several
propellant combinations, the following expression was found to be
suitable:

c? =
a + bϕ

1 + 1
ϕ

(3.5)

where:

a
b
= 1−

(
ϕopt + 1

)2
= −ϕopt

(
ϕopt + 2

)
= −ϕmax (3.6)

b = −
c?opt

ϕ2
opt

(3.7)

ϕmax = ϕ2
opt + 2ϕopt (3.8)

ϕmax

ϕopt
= ϕopt + 2 (3.9)

Koehler curve has a maximum equal to the optimal characteristic
velocity at the optimal mixture ratio and goes to zero for ϕ = 0 and
ϕ = ϕmax. The relative characteristic velocity is dependent only on the
relative mixture ratio and the optimal mixture ratio:

ϕR =
ϕ

ϕopt
(3.10)

c?

c?opt
= ϕR

(
2 + ϕopt − ϕR

)
1 + ϕopt ϕR

(3.11)

As it can be seen in figure 3.3, ϕR determines the position on the
curve while ϕopt defines the shape of the curve. It is worth noting that
Koehler model predicts a flatter curve as ϕopt is increased. This is in
general confirmed experimentally and shows that propellants with
higher optimal mixture ratio are less sensitive to the mixture ratio shift.
Here Koehler expression has been validated with three propellant
combinations: LOX-HTPB, 90 % HTP-HTPB and N2O-HTPB. In figures 3.4,
3.5 and 3.6 the error obtained assuming c? = c?opt and using Koehler
expression is shown. The zero order hypothesis provides always
overestimated results, except at the optimum point where the error is
zero. Koehler expression is slightly optimistic around the optimum
point and then crosses the real curve at a certain distance from the
optimum point. After that and in both directions, the error changes
sign and Koehler becomes pessimistic. In the range 0.5 ≤ ϕR ≤ 2,
the error of Koehler expression is on the order of few percent and is
particularly accurate for N2O and 90 % HTP. One secondary possible
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Figure 3.3: Characteristic velocity ratio as a function of mixture ratio (left)
and adimensional mixture ratio (right)

Figure 3.4: LOX validation

Figure 3.5: HTP validation

Figure 3.6: N2O validation
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advantage of these relations for the characteristic velocity is that they
can be used in relatively complex preliminary optimization problems
combining many aspects, like sizing or trajectory, in order to save
computational time at each iteration.

Thanks to Koehler expression, it is now possible to estimate the
penalty incurred with throttling from the optimal point using equa-
tions (3.2), (3.10) and (3.11) with ϕ0 = ϕopt, as shown in figures 3.7
and 3.8. Moreover, in Koehler model chamber pressure becomes:

PccAt = ṁox(a + bϕ) (3.12)

And consequently pressure variations, which are represented in figure
3.9, can be calculated neglecting nozzle erosion as:

ϕR0 =
ϕ0

ϕopt
(3.13)

Pcc

Pcc0

ṁox0

ṁox
=

ϕopt + 2− ϕR

ϕopt + 2− ϕR0

(3.14)

Again, ϕR determines the actual position on the curve, ϕR0 determines
the initial position on the curve, while ϕopt defines the shape of the
curve. The same results can be obtained for the thrust using the
equivalent curve of the specific impulse instead of the characteristic
velocity. It is worth noting that the use of a non-constant characteristic
velocity has a significant impact on chamber pressure behavior. When
the motor is throttled up from the optimum mixture ratio (or higher
mixture ratios), the pressure increase is lower than the throttling ratio
(because the fuel mass flow is not increased as well), and this effect
is slightly amplified by the drop of characteristic velocity. When the
motor is throttled down from the optimum mixture ratio (or lower
mixture ratios), the pressure decrease is lower than the throttling ratio
(because the fuel mass flow is not decreased as well), and in this case
the characteristic velocity drop acts on the opposite direction, slightly
compensating the phenomenon. The opposite behavior occurs for
throttling up from lower than optimal mixture ratios and throttling
down from higher than optimal mixture ratios, unless the final opera-
tional point crosses the optimum point. For moderate throttling ratios
the characteristic velocity penalty is limited, in fact for n = 0.5 and
ϕopt = 2 and a throttling ratio of 0.5 the penalty is around 3.5 %. For
n = 0.5 and ϕopt = 7 and a throttling ratio of 0.5 the penalty is 1.5 %.
Again, a propellant with a higher optimal mixture ratio provides better
results both in term of characteristic velocity penalty and pressure
“precision” (pressure ratio similar to oxidizer mass flow ratio).

It is important to note that this penalty has to be multiplied by the
relative total impulse spent at the non-optimal mixture ratio, further
decreasing the penalty. Considering also that throttling down from
the optimal point is more “precise” (as just shown), it is recommended
to calibrate the maximum mass flow rate at the optimal mixture ratio.
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Figure 3.7: Penalty incurred with throttling down from optimal mixture ratio,
where ϕopt = 7

Figure 3.8: Penalty incurred with throttling down from optimal mixture ratio,
where ϕopt = 2

Figure 3.9: Pressure ratio multiplied by oxidizer mass flow ratio in case of
throttling down from optimal mixture ratio, where ϕopt = 7 (left)
and ϕopt = 2 (right)



3.1 motor behavior characterization 39

In case the relative total impulse spent at partial level is significant
(much longer time is spent there), the initial mixture ratio should
be selected slightly above the optimum point (for throttling down,
the opposite for throttling up) to minimize the whole losses. The
equations presented in this chapter can be easily used to determine
the best initial point.

Regarding the variation of ballistic parameters with time, first of all
the diameter ratio can be computed from:

R2n+1 = (4n + 2)
aGn

0 tb

D0
+ 1 (3.15)

Consequently, equation (3.14) becomes:

Pcc

Pcc0

=
ϕopt + 2− ϕR0

(
R2n−1)

ϕopt + 2− ϕR0

(3.16)

Again, it is worth noting that the use of a non-constant characteristic
velocity has a strong impact on chamber pressure behavior. In fact,
the highest is the initial mixture ratio the lowest is the total mass flow
variation with time. However, at higher than optimal mixture ratios
the characteristic velocity decreases with the mixture ratio, so the effect
of mass flow variation is magnified on the pressure. On the contrary,
operating at lower than optimal mixture ratios the mass flow variation
increases but the characteristic velocity variation has the opposite
direction, so a compensation occurs. At the end, the pressure variation
predicted by the model is lower at lower than optimal mixture ratios.
This result was already shown in [10]. In any case an increase of
the optimal mixture ratio decreases the pressure drop, both because
the characteristic velocity curve is flatter, and because the mass flow
variation is lower. Moreover, it is possible to determine the average
mixture ratio from the following equation:

ϕavg

ϕ0
=

R2n+1 − 1
(R2 − 1)(n + 0.5)

(3.17)

that is shown in figure 3.10. It is important to note that the average
mixture ratio is the total oxidizer mass divided by the total fuel
mass and not the time average of the instantaneous mixture ratio.
Finally, it is possible to determine the average chamber pressure and
characteristic velocity with the following expressions:

Pccavg

Pcc0

= 1 +
1

const

(
2n + 1

4n
R4n − 1

R2n+1 − 1
− 1
)

(3.18)

const = 1 +
a

bϕ0
= 1 + f

(
ϕ0, ϕopt

)
= 1− ϕmax

ϕ0
(3.19)

Pccavg At = (ṁc?)avg = ṁavgc?avg (3.20)

c?avg =
1
tb

∫ tb

0

ṁ
ṁavg

c?dt (3.21)
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Figure 3.10: Mixture ratio shift with time: average ratio (left) and final ratio
(right)

c?avg =
Pccavg

Pcc0

a + bϕ0

1 + 1
ϕavg

(3.22)

c?avg

c?opt
=

Pccavg

Pcc0

ϕopt + 2− ϕR0

ϕopt + 1

1 + 1
ϕopt

1 + 1
ϕavg

= f
(

R, n, ϕ0, ϕopt
)

(3.23)

It is important to underline that the average characteristic velocity is
not the time average of the instantaneous characteristic velocity. The
variation of characteristic velocity with time can be limited selecting
the initial mixture ratio in order to cross the optimal mixture ratio
during operation.

It is interesting to plot the results of the characteristic velocity
penalty and the other ballistic parameters when the average mixture
ratio is selected as the optimal one:

ϕavg = ϕopt (3.24)

ϕ0 = f
(

R, n, ϕopt
)

(3.25)
c?avg

c?opt
=

Pccavg

Pcc0

ϕopt + 2− ϕR0

ϕopt + 1
= f

(
R, n, ϕopt

)
(3.26)

This is not exactly the best choice for average characteristic velocity
maximization but is very near to it. For typical R and n values
characteristic velocity penalty can be limited to much less than 1 %.
Average pressure can be generally kept within 10 % of the initial one.
Again, a propellant combination with a higher optimal mixture ratio
has a lower characteristic velocity loss and a lower pressure variation.
These results are shown in figure 3.11, 3.12 and 3.13.

3.2 mission envelope definition

In this section some simple equations to define the possible mission
envelope of hybrid rocket motors with single cylindrical port fuel
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Figure 3.11: Mixture ratio shift with time: final pressure (left) and average
pressure (right), where ϕopt = 7

Figure 3.12: Mixture ratio shift with time: final pressure (left) and average
pressure (right), where ϕopt = 2

Figure 3.13: Mixture ratio shift with time: average characteristic velocity,
where ϕopt = 7 (left) and ϕopt = 2 (right)
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Figure 3.14: Variation of port volume loading with diameter ratio

grains are derived. Considering a constant oxidizer mass flow, it is
possible to determine the final port diameter:

G0 =
4ṁox

πD2
0

(3.27)

D f =
[

a(4n + 2)tb
(
G0D2

0
)n

+ D2n+1
0

] 1
2n+1

(3.28)

With some manipulations, the following equation can be obtained:

aGn
0 tb

D0
=

R2n+1 − 1
4n + 2

(3.29)

On the left there is a quantity that will be called adimensional reference
web thickness. It is adimensional because it is divided by the initial
port diameter, and it is called reference because it is not the actual
motor web thickness but it is the web thickness calculated as if the
regression rate was kept constant and equal to the initial one. The
real web thickness is always lower than the reference one because of
the regression rate decay with time. The equation above shows that
the adimensional reference web thickness is dependent only on the
diameter ratio and the regression rate exponent n.

As it can be seen in figure 3.14, the diameter ratio is related to the
grain volume loading by the following equation:

VL = 1− 1
R2 (3.30)

The volume loading increases asymptotically to 100 % with the di-
ameter ratio. A minimum diameter ratio between 2 to 3 is generally
recommended in order to have a good volume loading. Much higher
diameter ratios do not provide major benefits. It is possible now to
plot equation (3.29), relating motor size to burning time for a fixed
propellant combination at different volume loadings or for a fixed
volume loading with different propellant combinations. The selected
values are a = 0.11, n = 0.65 and G0 = 800 kg/m2 (for a regression
rate in mm/s) that are typical values of the LOX and paraffin wax
combination. Moreover, in order to represent a typical non-liquefying
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Figure 3.15: Relation between motor size and burning time: parametric with
volume loading for a = 0.11 (left) or with regression rate for
VL = 75 % (right)

plastic fuel also a coefficient a = 0.0275 has been considered. The
results are shown in figure 3.15.

Equation (3.29) shows a linear relation of burning time with size
in order to keep a constant geometry and consequently a constant
volume loading. As the size of the motor is increased, or the burning
time is shortened, the volume loading decreases. This is a well-known
problem of conventional hybrid rockets. It is worth noting that the
size of the motor is proportional to the square of the thrust. On figure
3.15 some reference solid rocket motors are also plotted. The diameter
of the solid rocket points has been calculated as the equivalent initial
diameter of a hybrid rocket that has the same propellant mass and
burning time. One solid rocket has a very short burning time and
is the boost motor of the air-to-air missile AIM-9 Sidewinder, the
other motors are the three solid stages of the small launcher Vega.
Considering figure 3.15 on the right, it is possible to see that all the
solids rocket points are above the lower curve. This means that a
classical hybrid rocket cannot match the same thrust-burning time of
the solids and provide a good volume loading. In order to overcome
the low regression rate issue, one solution is to shift from a single
cylindrical port to a multiport grain or to other complex geometries.
However, all these solutions suffer from serious problems of residuals
and increased mixture ratio shift. The use of paraffin wax, which has
a higher regression rate, gives the possibilities to design motors with
bigger diameters and/or with shorter burning time. With paraffin wax
the Vega launcher motors become potentially feasible, particularly the
smaller Zefiro 9. However, the missile booster is still largely out of
the possibility. Moreover, increasing the burning time of Zefiro 23 to
the same level of the other two will improve the volume loading. This
shows that, when using hybrid rockets (except for small scales), the
optimum design point tends to shift to a longer burning time.

To be accurate, the regression rate coefficient a is generally not
constant with scale. As already presented in chapter 2, according
to Marxmann theory it should slowly decrease with the scale, but
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generally the dependence is very low for plastic fuels and is almost
negligible for paraffin wax, at least on the scale range tested up to
now. This means that increasing both the size and the burning time of
the hybrid motor, the geometry is not exactly kept constant, but the
larger one will have a slightly smaller volume loading. This slightly
decrease of the regression rate with scale has a second order effect
(that has been neglected here) which amplifies the aforementioned
problem. From equation (3.29) it is possible to see that increasing the
initial oxidizer flux will improve the volume loading. However, for
a specific propellant combination and injection scheme, there is an
upper limit of oxidizer mass flux due to flooding or flame blow-off.
The port Mach number can limit also the maximum oxidizer mass
flux, particularly at low chamber pressures.

After having discussed the lower limit of the adimensional reference
web thickness, it is now possible to focus on the upper limit. This limit
is often overlooked in hybrid rocket propulsion but is still important.
It has been already shown that increasing the value of the diameter
ratio above 4 does not provide much benefit on the volume loading.
However, a high value of the diameter ratio could be problematic
because the motor should provide good performance with a large
change in geometry. The injection should guarantee high stability and
efficiency and regression uniformity with a large change of the port
size. This could be not easy and could provide an upper limit on the
diameter ratio. Moreover, the final oxidizer mass flux is related with
the initial one by the following equation:

G0

G f
= R2 (3.31)

As already said the initial oxidizer mass flux is limited. The final
oxidizer mass flux could be also limited by the too low regression rate
that could cause consequent issues like chuffing and high thermal
penetration. All these concerns could provide an upper limit on the
value of diameter ratio. Some configurations are much more tolerant
to higher values of diameter ratio with respect to others. For example,
HTP decomposed with a catalyst provides a hot gas injection that
tends to guarantee proper operation on a wide range of fluxes [9, 95].
The situation can be worst in the case of liquid injection of LOX [40,
61, 106], RFNA [42] or subcooled N2O. Two-phase N2O represents an
intermediate situation [21, 69].

Plotting equation (3.29) for the maximum and minimum allowed
values of diameter ratio, it is possible to obtain figure 3.16. The
minimum diameter ratio has been selected as 2 and the maximum as
6 (as previously highlighted, this number can be different depending
on the specific case). The high regression rate refers to a = 0.11
while the low regression rate to a = 0.0275. Hybrid rocket motors
are suitable for missions where size and burning time are inside the
region defined by the two straight lines. This region shifts to higher
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Figure 3.16: Mission envelope for single port hybrid rocket motors, where the
area between two curves of the same color represents suitable
combinations of burning time and initial diameter

sizes and lower burning times for high regressing fuels, while it shifts
to longer burning times and lower sizes for low regressing fuels.
Regression rate can be tailored for the particular application selecting
the most appropriate fuel. However, hybrid rockets are not suitable
for short burning times and high thrusts but also for too long burning
times and low thrusts. In this second case the technological problems
related with nozzle cooling should be taken into consideration. Hybrid
rockets in general use an ablative cooling partially borrowed from
solid rockets technology. If the burning time is too long, particularly if
high performance is required, other techniques more similar to liquid
rockets should be used, partially reducing the simplicity advantage of
hybrid rockets compared to liquid rockets. It is worth noting that the
problem of nozzle erosion and cooling is more significant as throat
diameter decreases, so even in this case higher thrusts mean longer
possible burns.

It is also important to highlight that the size of a liquid rocket
is proportional to the square root of the required thrust. For high
volume loadings the size of the hybrid rocket combustion chamber
is proportional to the fuel mass, therefore it is related to the total
impulse. A small thrust means a small liquid rocket, while a small
thrust coupled with a long burning time (for a high total impulse)
means a big hybrid rocket. Moreover, a change in the burning time for
the same thrust (for a different total impulse) can be accommodated by
the liquid rocket changing the propellant mass and so the tanks size.
In case of the hybrid rocket, such a change should imply a redesign of
the motor.

Concerning the effect of the initial oxidizer mass flux on the lower
boundary of the size-burning time region, two situations can occur. If
the limit is on the diameter ratio itself (without flux limits), lowering
the initial oxidizer mass flux will widen the region of suitability. If
the limit is on the final oxidizer mass flux, starting at higher oxidizer
mass fluxes will widen the region, because higher oxidizer mass flux
ratios mean higher diameter ratio values, defined by equation (3.31).
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Figure 3.17: Burning time (left) and propellant mass (right) limits for single
port hybrid rocket motors

Figure 3.18: Variation of maximum velocity increment with thrust for two
different accelerations

Focusing the attention on space engines, with equation (3.29) it is
possible to determine the maximum burning time (based on the upper
diameter ratio limit) for a certain size. The thrust is proportional to
the square of the diameter, so the burning time becomes proportional
to the square root of the thrust. The propellant mass is proportional
to the thrust multiplied by the burning time, which is proportional to
the square root of the thrust:

Mp ∝ Ftb ∝ F
3
2 (3.32)

These results are plotted in figure 3.17 for a specific impulse of
300 s and a mixture ratio of 7, with a = 0.0275 and n = 0.5, G0 =

500 kg/m2s, G f = 10 kg/m2s. Once the thrust and the propellant
mass are known it is possible to calculate the velocity increment of
the satellite. The total empty mass of the satellite can be calculated
from the motor thrust if there is a limit on the maximum allowable
acceleration. In figure 3.18 the velocity increment for two different
maximum accelerations is plotted. It is possible to see that the maxi-
mum velocity increment increases with thrust. Small hybrid rockets
are limited to short burning time and consequently they provide lower
velocity increments. For the same acceleration limits, larger satellites
propelled by hybrid rockets can achieve higher velocity increments
than smaller satellites (because the satellite mass scale linearly with
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thrust while the propellant mass scale more than linearly). For a fixed
satellite size, if the allowable maximum acceleration is low the hybrid
rcoket can provide only a limited maximum velocity increment. If the
required velocity increment is moderate hybrid rockets give their best
because they can fully exploit their advantages compared to liquid
rockets. Moreover, at moderate velocity increments, the system mass
has a lower sensitivity to inert mass and specific impulse and this
makes the design even easier. For high velocity increments, the hybrid
rocket has to increase its thrust, while the liquid rocket simply increase
its burning time as necessary. Increasing the thrust, the hybrid rocket
could reach the acceleration limit. Even in the case where the accelera-
tion level does not represent an issue, the relative high thrust hybrid
rocket has to compete with a low thrust liquid rocket that probably
would have a lower inert mass and size. The mass and size of the
propulsion system are more critical for high velocity increments.

3.3 combustion chamber sizing

In this section the set of explicit equations that describe hybrid
motor behavior is completed. In particular, the size and shape of the
fuel grain and its dependency on motor and propellant parameters
is determined. The typical equations found in the literature do not
show explicitly this type of relations because they keep some kind
of hidden dependencies [3, 22]. This means that once a parameter
is changed, another one is also influenced. Alternatively, as shown
in the following mathematical treatment, the equations contain some
instantaneous parameters that are not known in advance.

As a starting point, it is possible to rearrange the definition of
mixture ratio to obtain the following equation:

L =
ṁ0.5

ox

2π0.5a$ f ϕGn−0.5
ox

(3.33)

This equation contains instantaneous parameters like mixture ratio,
oxidizer mass flow and oxidizer mass flux. For simplicity, the oxi-
dizer mass flow is considered as constant. For n = 0.5 the equation
simplifies to:

L =
ṁ0.5

ox
2π0.5a$ f ϕ

(3.34)

In this case, the mixture ratio is a fixed quantity, therefore the length
of the fuel grain is inversely proportional to the fuel density, the
regression rate parameter a and the mixture ratio, while is directly
proportional to the square root of the oxidizer mass flow. This is
consistent with the fact that the thrust is proportional to the square
of the size of the motor. For different values of n, equation (3.33) can
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Figure 3.19: Values of Rfun for n ≤ 0.5 (left) and n ≥ 0.5 (right)

be written in terms of the initial values of mixture ratio and oxidizer
mass flux:

L =
ṁ0.5

ox

2π0.5a$ f ϕ0Gn−0.5
0

(3.35)

The initial mixture ratio is not a design parameter because it is not
known in advance. The next step is to relate the initial mixture ratio
to the average one, which is the real design parameter:

L =
ṁ0.5

ox

2π0.5a$ f ϕavgGn−0.5
0

R2n+1 − 1
(R2 − 1)(n + 0.5)

=
ṁ0.5

ox

2π0.5a$ f ϕavgGn−0.5
0

Rfun

(3.36)

This expression is exact but does not show the real dependencies
because every time a parameter is changed the diameter ratio would
change as well.

In order to better understand hybrid rocket behavior, the two limit
cases are considered, that is R→ 1 and R→ ∞. For R→ 1 the second
term of equation (3.36) disappears:

lim
R→1

R2n+1 − 1
(R2 − 1)(n + 0.5)

= lim
R→1

Rfun = 1 (3.37)

While for R→ ∞ the second term of equation (3.36) becomes:

lim
R→∞

R2n+1 − 1
(R2 − 1)(n + 0.5)

= lim
R→∞

Rfun =
R2n−1

n + 0.5
(3.38)

In figure 3.19, 3.20 and 3.21 the second term of equation (3.36) and the
comparison with the two limit cases are plotted.

It is possible to determine the value of diameter ratio where equation
(3.38) is equal to equation (3.37):

Rint = (n + 0.5)
1

2n−1 (3.39)
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Figure 3.20: Error committed replacing Rfun with 1 for n ≤ 0.5 (left) and
n ≥ 0.5 (right)

Figure 3.21: Error committed replacing Rfun with the asymptotic approxima-
tion for n ≤ 0.5 (left) and n ≥ 0.5 (right)

In figure 3.22 and 3.23 the Rint equation and the error committed
using the best approximation in each region are plotted. For R < Rint
equation (3.37) gives the smallest error, while for R > Rint equation
(3.38) gives the smallest error. For n = 0 equation (3.39) gives Rint = 2,
and the result decreases for n > 0. For R = Rint the error of the two
equations is the same because the curves cross each other. As expected,
the error of equation (3.37) is zero for R = 1 and increases rapidly and
in a slight sublinear fashion. On the opposite, the error of equation
(3.38) is high for R = 1 and decreases rapidly and asymptotically to
zero as the value of the diameter ratio increases. The error is always
negative for n > 0.5 and always positive for n < 0.5. Moreover, the
error is always zero for n = 0.5 and increases as n departs from
this value (both above and below). It is possible to combine the two
equations using the best approximation in its preferred range. In this
way, the maximum error occurs at R = Rint.

Considering that Rint < 2 and remembering the discussion about
volume loading, it is worth noting that the approximation for R = 1
has a more academic than practical value. However, it is still important
to keep it because in this way it is possible to know that the real
dependency of the fuel length on motor parameters will be bounded by
the ones of the two approximations. On the opposite, the asymptotic
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Figure 3.22: Variation of Rint with regression rate exponent n

Figure 3.23: Error committed replacing Rfun with the best approximation in
each region for n ≤ 0.5 (left) and n ≥ 0.5 (right)

approximation has a significant practical value, because for typical
values of n it has an error of 10 % or lower for R = 2, decreasing
further for higher diameter ratio values. It is now possible to derive
the length, the diameter and thre length to diameter ratio with respect
to motor parameters in explicit form for the two limit cases.

If R = 1 the initial diameter is equal to the final one:

D f = D0 (3.40)

D f =
2ṁ0.5

ox

π0.5G0.5
0

=
2M0.5

ox

π0.5G0.5
0 t0.5

b
=

2M0.5
p ϕ0.5

avg

π0.5G0.5
0 t0.5

b

(
ϕavg + 1

)0.5 (3.41)

The length becomes:

L =
ṁ0.5

ox

2π0.5a$ f ϕavgGn−0.5
0

=
M0.5

ox

2π0.5a$ f ϕavgGn−0.5
0 t0.5

b

=
M0.5

p

2π0.5a$ f ϕ0.5
avg
(

ϕavg + 1
)0.5Gn−0.5

0 t0.5
b

(3.42)

And the length to diameter ratio of the fuel grain is:

L
D f

=
G1−n

0
4a$ f ϕavg

(3.43)
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For R→ ∞ it is possible to neglect the initial diameter in equation
(3.28) and so the final diameter is:

D f =

[
a(4n + 2)t1−n

b

(
4Mox

π

)n] 1
2n+1

=

{
a(4n + 2)t1−n

b

[
4Mp ϕavg

π
(

ϕavg + 1
)]n} 1

2n+1
(3.44)

The length becomes:

L =
M

1
2n+1
ox t

2n−1
2n+1
b

4
1

2n+1 π
1

2n+1 a
2

2n+1 $ f ϕavg(n + 0.5)
2

2n+1

=
M

1
2n+1
p t

2n−1
2n+1
b

4
1

2n+1 π
1

2n+1 a
2

2n+1 $ f ϕ
2n

2n+1
avg

(
ϕavg + 1

) 1
2n+1 (n + 0.5)

2
2n+1

(3.45)

And the length to diameter ratio of the fuel grain is:

L
D f

=
M

1−n
2n+1
ox

4
n+2

2n+1 π
1−n

2n+1 a
3

2n+1 $ f ϕavg(n + 0.5)
3

2n+1 t
3(1−n)
2n+1

b

=
M

1−n
2n+1
p

4
n+2

2n+1 π
1−n

2n+1 a
3

2n+1 $ f ϕ
3n

2n+1
avg

(
ϕavg + 1

) 1−n
2n+1 (n + 0.5)

3
2n+1 t

3(1−n)
2n+1

b

(3.46)

The real diameter is always larger than both approximations because
one neglects the web thickness and the other the port. It is worth
noting that the length determined by equation (3.42) has exactly the
error shown in figure 3.20. Instead, (3.45) has a larger error than
depicted in figure 3.21 because the approximation of equation (3.44)
has been also added with the substitution of the diameter ratio. It is
also possible to determine the value of the diameter ratio for which the
diameter calculated with equation (3.41) is equal to the one calculated
with equation (3.44):

R2n+1 = (4n + 2)
aGn

0 tb

D0
+ 1 (3.47)

RintD = 2
1

2n+1 (3.48)

For R < RintD equation (3.41) gives the smallest error, while for R >

RintD equation (3.44) gives the smallest error. The accuracy of the
asymptotic solutions is generally good above R = 2 except at very
low values of n where larger values of the diameter ratio are needed
because the errors increase as n approaches zero.

The parameters that influence the fuel grain length, diameter and
their ratio are the fuel density, the oxidizer flux, the burning time, the
regression rate constants a and n, the propellant mass and the mixture



52 analytical tools for system design

Figure 3.24: Variation of RintD with regression rate exponent n

ratio. Except the density case, which is trivial, each of them will be
discussed separately in the following. The dependency on the value
of n is rather complex and with difficult physical interpretation. It is
more important here to understand how the value of n influences the
dependency of motor length, diameter and length to diameter ratio
on the other parameters.

An arbitrary reference example is selected and each parameter of
interest is changed in order to sweep a wide range of diameter ratios.
In the reference case the regression rate exponent is n = 0.7, the
oxidizer mass flux is G0 = 500 kg/m2s, the burning time is tb = 100 s,
the regression rate constant is a = 0.04 (for a regression rate in mm/s)
and the propellant mass is Mp = 500 kg. A regression rate exponent
nearer to 0.5 will result in lower errors.

3.3.1 Oxidizer Mass Flux

For the asymptotic case the volume loading is 100 %, meaning that
the grain is a fuel block without a port. For this reason, the initial
oxidizer flux has no influence on the motor length and diameter. For
very low volume loadings, the port determines the diameter of the
grain, and the diameter increases as the square root of the area that
is inversely proportional to the oxidizer mass flux. The length of the
motor is always independent of the oxidizer mass flux for n = 0.5,
while it increases with the oxidizer mass flux if n < 0.5 and vice versa
for n > 0.5. The reason is the usual trade-off between regression rate
and burning area. If n < 0.5 the burning area is more important, so
the oxidizer mass flux has to be small. For n > 0.5 the regression
rate is more important so the oxidizer mass flux has to be high. For
low volume loadings the length to diameter ratio increases with the
oxidizer mass flux (mainly because the diameter decreases, for n < 0.5
also because the length increases). For n = 1 the length to diameter
ratio is always fixed while for n = 0 the length to diameter ratio is
linear with the oxidizer mass flux. The explicit dependencies of the
two limit cases on the oxidizer mass flux are summarized in table
3.1 and represented in figure 3.25 and 3.26, where the vertical line
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Table 3.1: Explicit dependencies of the limit cases on the oxidizer mass flux

R→ 1 R→ ∞

L ∝ G0.5−n
0 Null

D f ∝ G−0.5
0 Null

L
D f

∝ G1−n
0 Null

Figure 3.25: Variation of motor parameters with oxidizer mass flux: diameter
ratio (left) and length (right)

Figure 3.26: Variation of motor parameters with oxidizer mass flux: final
diameter (left) and length to diameter ratio (right)
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corresponds to R = 2. It is possible to notice that the asymptotic
solution is accurate above this value.

3.3.2 Burning Time

For very low volume loadings both the diameter and the length of
the motor scale with the square root of the thrust, which is inversely
proportional to the burning time. The length to diameter ratio remains
fixed. The fact that the length dependency changes afterwards is
related to the mixture ratio shift, therefore the initial mixture ratio has
to change in order to keep the same global average mixture ratio. For
n = 0.5 there is no mixture ratio shift so the dependency remains the
same. For n < 0.5 the dependency is strengthened, while for n > 0.5 is
reduced and for n = 1 it disappears. As the burning time is increased
the port diameter decreases but the web thickness increases. For this
reason, the external diameter initially decreases (following the port
diameter), reaches a minimum and then increases again (following
the web thickness). For n = 0 the web thickness is linear with time,
for higher n values is sublinear. For n = 1 the diameter, length and
length to diameter ratio are independent of the burning time. For
n < 1 the length to diameter ratio decreases with the burning time,
and the effect increases as n decreases. The explicit dependencies
of the two limit cases on the burning time are summarized in table
3.2 and represented in figure 3.27 and 3.28, where the vertical line
corresponds to R = 2. It is possible to notice that the asymptotic
solution is accurate above this value.

3.3.3 Regression Rate Constant

For very low volume loadings the length of the motor scales in-
versely with the regression rate. The regression rate has no influence
on the port size. Therefore, also the length to diameter ratio scales
inversely with the regression rate. The fact that the length dependency
changes afterwards is related to the mixture ratio shift, therefore the
initial mixture ratio has to change in order to keep the same global
average mixture ratio. Again, for n = 0.5 there is no mixture ratio shift
so the dependency remains the same. For n < 0.5 the dependency is
strengthened, while for n > 0.5 is reduced. As the regression rate is
increased the web thickness increases too. For this reason, the external
diameter starts to increases until it reaches the asymptotic trend. In
this case, for n = 0 the web thickness is linear with the regression
rate coefficient a, while for higher n values is sublinear (because the
average regression rate decays with same initial flux and lower final
fluxes). Again, for n = 1 the length to diameter ratio dependency
does not change with the diameter ratio and is always equal to −1.
For n < 1 the length to diameter dependency is stronger at higher
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Table 3.2: Explicit dependencies of the limit cases on the burning time

R→ 1 R→ ∞

L ∝ t−0.5
b L ∝ t

− 1−n
n+0.5

b

D f ∝ t−0.5
b D f ∝ t

1−n
2n+1
b

Null L
D f

∝ t
− 3(1−n)

2n+1
b

Figure 3.27: Variation of motor parameters with burning time: diameter ratio
(left) and length (right)

Figure 3.28: Variation of motor parameters with burning time: final diameter
(left) and length to diameter ratio (right)
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values of diameter ratio, because at low n both the diameter increase
and the length decrease are higher. The explicit dependencies of the
two limit cases on the regression rate constant a are summarized in
table 3.3 and represented in figure 3.29 and 3.30, where the vertical
line corresponds to R = 2. It is possible to notice that the asymptotic
solution is accurate above this value.

3.3.4 Propellant Mass

For very low volume loadings the propellant mass dependency
follows that of the burning time, the geometry keeps its shape and
it is simply scaled as the square root of the thrust and, consequently,
of the propellant mass. Again, the fact that the length dependency
changes afterwards is related to the mixture ratio shift, therefore the
initial mixture ratio has to change in order to keep the same global
average mixture ratio. For n = 0.5 there is no mixture ratio shift so
the dependency remains the same. For n < 0.5 the dependency is
strengthened, while for n > 0.5 is reduced. For high volume loadings,
the diameter growth with respect to the propellant mass is sublinear,
and is lower for lower n values. For n = 0 the length is linear with the
propellant mass and the diameter is fixed, therefore even the length to
diameter ratio is linear with the propellant mass. This means that for
high volume loadings and n = 0 the mass that is added or removed
is placed almost only after the grain, not around. For n = 1 the
length to diameter ratio is always fixed. For lower n values,the length
to diameter ratio at high values of the diameter ratio is sublinear,
and reaches linearity for n = 0. The explicit dependencies of the
two limit cases on the propellant mass are summarized in table 3.4
and represented in figure 3.31 and 3.32, where the first vertical line
corresponds to R = 3 while the second one to R = 2. It is possible to
notice that the asymptotic solution is accurate for high value of the
diameter ratio, particularly for the length to diameter ratio.

3.3.5 Mixture Ratio

The effect of the mixture ratio on motor dimensions is peculiar with
respect to the other parameters seen so far. Qualitatively both solutions
show similar trends, the diameter of the motor is only slightly affected
by the mixture ratio while the length and the length to diameter ratio
decrease with the mixture ratio (the grain is shorter because there
is less fuel). In this case the graphs are not shown because a large
variation of the mixture ratio (for example from 1 to 16) does not
influence significantly the value of the diameter ratio, particularly at
the higher mixture ratios. Therefore, once a reference diameter ratio is
selected, changing the mixture ratio will not change the diameter ratio
so much (and the change is concentrated at the lower mixture ratios)
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Table 3.3: Explicit dependencies of the limit cases on the regression rate
constant

R→ 1 R→ ∞

L ∝ a−1 L ∝ a−
2

2n+1

Null D f ∝ a
1

2n+1

L
D f

∝ a−1 L
D f

∝ a−
3

2n+1

Figure 3.29: Variation of motor parameters with regression rate constant:
diameter ratio (left) and length (right)

Figure 3.30: Variation of motor parameters with regression rate constant:
final diameter (left) and length to diameter ratio (right)



58 analytical tools for system design

Table 3.4: Explicit dependencies of the limit cases on the propellant mass

R→ 1 R→ ∞

L ∝ M0.5
p L ∝ M

1
2n+1
p

D f ∝ M0.5
p D f ∝ M

n
2n+1
p

Null L
D f

∝ M
1−n
2n+1
p

Figure 3.31: Variation of motor parameters with propellant mass: diameter
ratio (left) and length (right)

Figure 3.32: Variation of motor parameters with propellant mass: final diam-
eter (left) and length to diameter ratio (right)
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Table 3.5: Explicit dependencies of the limit cases on the mixture ratio

R→ 1 R→ ∞

L ∝ 1
ϕ0.5

avg(ϕavg+1)
0.5 L ∝ 1

ϕ
2n

2n+1
avg (ϕavg+1)

1
2n+1

D f ∝
ϕ0.5

avg

(ϕavg+1)
0.5 D f ∝ ϕ

n
2n+1
avg

(ϕavg+1)
n

2n+1

L
D f

∝ 1
ϕavg

L
D f

∝ 1

ϕ
3n

2n+1
avg (ϕavg+1)

1−n
2n+1

and so the best approximation is always the same for the entire range
depending on the selected reference value of diameter ratio (low or
high). It is worth noting that if the diameter ratio does not change
significantly, the exponent of equation (3.36) should be correct, because
the effect of a changing diameter ratio found previously is not present.
Therefore, this means that the slope of the two approximations must
coincide. In fact, it is possible to show that for typical values of the
mixture ratio and exponent n found in hybrids, both approximations
converge to the one for high mixture ratios. The explicit dependencies
of the two limit cases on the propellant mass are summarized in table
3.5. If ϕavg � 1:

L ∝
1

ϕavg
(3.49)

D f ∝ const (3.50)
L

D f
∝

1
ϕavg

(3.51)

In order to increase the fuel mass flow the length of the fuel grain
should be proportionally increased without any change on the external
diameter. The slight non-linearity of the general case is related to the
fact that the port diameter is varied (for the same oxidizer mass flux)
every time the oxidizer mass flow is changed. For high mixture ratios,
a significant change of the fuel mass has little relative effect on the
oxidizer mass so the port variation becomes negligible. It is worth
noting that with a mixture ratio of only 2 the oxidizer mass flow is
already the 67 % of the total. As always, for n = 0.5 there is no mixture
ratio shift so the length dependency remains the same. For n > 0.5 the
dependency is slightly strengthened for ϕavg and reduced for ϕavg + 1,
for n < 0.5 the opposite occurs. For the diameter the dependency on
ϕavg and ϕavg + 1 is reduced at high diameter ratio values, however
they tend to compensate each other.

If n = 1, no matter what the value of the diameter ratio is:

L
D f

∝
1

ϕavg
(3.52)
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Figure 3.33: Combustion chamber configuration

If n = 0 the asymptotic solution gives:

L ∝
1

ϕavg + 1
(3.53)

D f ∝ const (3.54)
L

D f
∝

1
ϕavg + 1

(3.55)

However, as in the previous cases, larger values of diameter ratios
are needed for low n to reach a good accuracy with the asymptotic
solution.

3.3.6 Chamber Configuration

A final consideration needs to be done. In general, the combustion
chamber of a hybrid motor includes a pre-combustion chamber and a
post-combustion chamber. These items affect the length and length
to diameter ratio of the whole chamber. To give an indication of this
effect, it is possible to approximate the pre- and post-combustion
chamber as spherical domes, as represented in figure 3.33. The length
and length to diameter ratio of the chamber become:

Ltot = L f + D f (3.56)

Ltot

D f
=

L f

D f
+ 1 (3.57)

For high length to diameter ratios the effect of the domes is not
significant. However, for low length to diameter ratios the domes
could have a strong impact.

It is possible to obtain the length of the combustion chamber com-
bining the previous equations. Considering for simplicity only the
case of n = 0.5:

L =
M0.5

ox

2π0.5a$ f ϕavgt0.5
b

+

[
4at0.5

b

(
4Mox

π

)0.5

+
4Mox

πG0tb

]0.5

(3.58)
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That for R→ ∞ becomes:

L =
M0.5

ox

2π0.5a$ f ϕavgt0.5
b

+
2
√

2a0.5M0.25
ox t0.25

b
π0.25 (3.59)

In this equation, it is possible to notice that all motor parameters except
the propellant mass and mixture ratio have counteracting effects on
the motor length. If the grain is shortened too much, its diameter
enlargement induces an increase of chamber length through the domes
size. The whole problem is much more complicated because the
pre- and post-combustion chamber size is related also with proper
injection, regression, combustion efficiency and stability. However, it
is important to keep in mind that too high values of diameter ratio are
not beneficial and could induce not appropriate shapes (the so-called
“pizza motors”). It is possible to calculate the volume loading of the
whole motor to reinforce this point:

VLtot =
1

12 VLpreπD3 + 1
12 VLpostπD3 + 1

4 πD2L f VL f
1
4 πD2L f +

1
6 πD3

=
1

12 VLpreπD3 + 1
12 VLpostπD3 + 1

4 πD2L f
(
1− 1

R2

)
1
4 πD2L f +

1
6 πD3

=
1

12 VLpre +
1

12 VLpost +
1
4

L f
D

(
1− 1

R2

)
1
4

L f
D + 1

6

(3.60)

In case the pre- and post-combustion chamber are empty:

VLpre = VLpost = 0 (3.61)

VLtot =
1
4

L f
D

(
1− 1

R2

)
1
4

L f
D + 1

6

(3.62)

Again if the length to diameter ratio is high the volume loading of the
combustion chamber tends to the one of the fuel grain:

VLtot → VL f (3.63)

However, if the length to diameter ratio of the grain goes to zero the
volume of the motor is dominated by the empty domes:

VLtot → 0 (3.64)

Again these equations confirm that a single port hybrid rocket has to
operate in a certain range of diameter ratios (not too low or too high)
in order to achieve good performance metrics.





4
H E AV Y W E I G H T M O T O R D E S I G N

Hybrid rocket motors have long been recognized as a propulsion
option with strong potential [82] due to their inherent advantages
like simplicity, reliability, safety, start-stop-restart and thrust control
capabilities [2, 3, 22]. Unfortunately, this potential has not been
exploited to date [8, 46, 52, 68, 114]. One of the main reasons is related
to the low regression rate of the fuel, which is limited by the blocking
mechanism of the convective heat transfer to the grain surface caused
by the blowing of the ablating fuel [32, 74–77]. This mechanism has
been thoroughly explained in chapter 2 together with the whole hybrid
combustion process. Even for moderate thrusts, the low regression
rate prevents the realization of fuel grains with an acceptable volume
loading and length [89], as it is possible to understand following the
mathematical treatment of chapter 3 where some simple relations for
a preliminary hybrid motor optimization have been derived.

Since the Sixties and for several decades, the main way to address
this issue has been the use of multiport grains [105, 107]. However,
multiport grains are penalized by complexity, structural issues, dif-
ferent mass flows and regression rates between ports, and high fuel
residuals [10, 61]. A significant effort has been spent in recent years to
find a way to increase the regression rate in order to use a much more
effective single-port geometry [30]. Some interesting solutions that
have been investigated are the addition of energetic materials [25, 41,
53, 92], mixing devices like diaphragms [19, 20, 47], unique injection
patterns like swirl injectors [9, 12, 13, 15–18, 62–65, 73, 83–86, 95], and
innovative liquefying solid fuels like paraffin-based fuels [54, 57–59].

The two most promising technologies that are able to guarantee
a high regression rate and a high combustion efficiency are swirl
injectors and paraffin-based fuels. The first approach is based on the
formation of a strong turbulence level inside the combustion chamber,
caused by the injector itself that forces the oxidizer mass flow to enter
the combustion chamber with a strong tangential velocity component
and to follow a helical pattern along the motor axis. The increased
turbulence enhances the heat transfer to the fuel surface and promotes
a better mixing of the reactants, consequently improving both the
regression rate and the combustion efficiency. The second approach
is based on the use of a new class of fuels called liquefying fuels,
generally based on paraffin wax. These fuels melt on the surface,
creating a thin liquid layer with a very low viscosity. Thanks to the
low viscosity, the shear stresses of the port flow are able to perturb
the surface, generating small waves. Fuel droplets detach from the tip
of the waves and are entrained by the gas flow. Adding another mass
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transfer mechanism to the conventional one, paraffin-based fuels are
able to reach a regression rate several times higher than conventional
ones, thus giving the possibility to design single-port hybrids for
various applications [31, 51, 56].

At the Center of Studies and Activities for Space “G. Colombo” of
the University of Padova, two different solutions have been developed
within the Hybrid Propulsion Group in order to design hybrid rocket
motors with high regression rate and high combustion efficiency,
depending on the intended application. The first approach is based
on swirl injection of HTP burning with a HDPE solid grain, while the
second one uses an axial injector and a propellant combination of
HTP and a paraffin-based fuel. In both cases the HTP is first forced to
pass through a catalytic reactor, where it decomposes into gaseous
oxygen and water vapor at a temperature of around 1000 K, and then
is injected inside the motor where its temperature is high enough to
thermally decompose and ignite the fuels that are commonly used.
This technique makes the motor self ignitable and restartable. HTP has
several further advantages compared to other available oxidizers: it is
storable, it allows to use gaseous injection, which in general has a very
stable behavior since there are no droplet evaporation instabilities,
and it has no problems of poor atomization at low pressure drops.
Moreover, it permits to get full advantage of swirl oxidizer injection.

In this chapter the design of a hybrid rocket motor for test purpose
will be presented and discussed, followed by the numerical investiga-
tion that has been carried out in order to support the design process
and verify the result itself.

4.1 preliminary motor design

The preliminary design of a hybrid rocket motor is based on a
simple one-dimensional code. The first step of the process is to relate
the thrust of the motor with the total mass flow:

F = ṁtotc?CF = ṁtot Ispg0 (4.1)

where characteristic velocity, thrust coefficient and specific impulse
are defined as:

c? =

√√√√ R
Mm

Tcc

γ

(
γ + 1

2

) γ+1
γ−1

(4.2)

CF =

√√√√ 2γ2

γ− 1

(
2

γ + 1

) γ+1
γ−1
[

1−
(

Pe

Pcc

) γ−1
γ

]
+

Pe − Pa

Pcc

Ae

At
(4.3)

Isp =
c?CF

g0
(4.4)

The thrust of the motor is a requirement coming from the intended
mission profile, while the characteristic velocity and the specific im-
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Figure 4.1: Mixture ratio influence on characteristic velocity (left) and vac-
uum specific impulse (right) for HTP burning with HDPE, where
ε = 60 and Pcc = 20 bar

pulse can be computed with a thermochemical code [45] as a function
of the mixture ratio, which is defined as the ratio between the oxidizer
mass flow and the fuel mass flow:

ϕ =
ṁox

ṁ f
(4.5)

Consequently, it is possible to evaluate the total mass flow that is
needed to match the expected application.

As it can be seen in figure 4.1, the optimal mixture ratio for HTP

burning with HDPE is around 6.5 to 7.5. Almost identical results
are obtained for the propellant combination HTP and paraffin wax.
Choosing the mixture ratio in this range, it is possible to compute
oxidizer and fuel mass flows from the total propellants mass flow:

ṁtot = ṁox + ṁ f = ṁox

(
1 +

1
ϕ

)
= ṁ f (1 + ϕ) (4.6)

ṁox =
ṁtot

1 + 1
ϕ

(4.7)

ṁ f =
ṁtot

1 + ϕ
(4.8)

The design of the small hybrid rocket motor that is here presented is
tailored for space missions, where typical applications have a thrust
that ranges between 100 N and 1000 N as have been shown more in
detail in chapter 1. For most of the experimental activity, the thrust
level has been chosen as about 300 N that is obtained with an oxidizer
mass flow rate of around 100 g/s.

Considering a hybrid motor that uses a fuel grain with a single
cylindrical port, the fuel mass flow depends on the fuel properties
and on the grain geometric dimensions:

ṁ f = ṙπ$ f DpLp (4.9)

where the space-time averaged form of the regression rate is expected
to follow the empirical formula (2.34) defined in chaper 2:

ṙ = aGn
ox (4.10)
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and the oxidizer mass flux is defined as:

Gox =
ṁox

Ap
(4.11)

With these last relations it is possible to design the grain shape, in
terms of initial and final diameter and length, when the regression
rate coefficients a and n are known.

For HTP burning with a paraffin-based fuel or with HDPE, n = 0.5 is
a good assumption, as was already demonstrated by several interna-
tional researchers [79, 112, 113] and confirmed by the Hybrid Propul-
sion Group of the University of Padova during other test campaigns
performed under similar conditions. It is possible to demonstrate that
if the exponent n is equal to 0.5 and if the oxidizer mass flow is kept
constant, the mixture ratio is constant during the burn at any port
diameter size. In fact, recalling equation (2.52) derived in chapter 2:

ϕ =
ṁ1−n

ox D2n−1
p

aπ1−n4n$ f
(4.12)

Moreover, thanks to the large amount of data collected over the years
by the Hybrid Propulsion Group of the University of Padova, a first
guess of the coefficient a has also been possible. The preliminary
value for the swirl injection configuration with HTP and HDPE has been
chosen as a = 0.15, while for the axial injection configuration with
HTP and paraffin wax the coefficient has been evaluated as a = 0.1
(these values are used to compute the regression rate in mm/s with
an oxidizer mass flux measured in kg/m2s).

Finally, the pressure inside the combustion chamber can be esti-
mated using the well-known equation:

Pcc =
ṁtotc?

At
(4.13)

The characteristic velocity, as well as the specific impulse, has a de-
pendency not only on the mixture ratio but also on the combustion
chamber pressure. However, the influence is negligible when the
pressure is high enough, as a rule of thumb higher than 10 bar, as it
can be seen from figure 4.2. Furthermore, the nozzle throat erosion
is proportional to the combustion chamber pressure. A trade-off is
required and for these reasons the throat area has been computed to
obtain a pressure of around 20 bar inside the combustion chamber.
Moreover, the exit section diameter has been evaluated in order to
have a supersonic flow perfectly adapted at ambient pressure, for
ground testing purpose:

ε =
Ae
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(4.15)
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Figure 4.2: Pressure influence on characteristic velocity (left) and vacuum
specific impulse (right) for HTP burning with HDPE, where ε = 60

During the burning time, the internal geometry of the motor changes
due to the consumption of both the fuel grain and the thermal pro-
tections. However, assuming that the characteristic velocity is mainly
affected by the mixture ratio value and only slightly affected by the
small change in the fluid dynamic flow pattern, between the start
and the end of the burn it is reasonable to expect an almost constant
combustion efficiency. Therefore, if the oxidizer mass flow is held
constant, given all the aforementioned assumptions, the combustion
chamber pressure should remain constant as well, if no erosion of the
nozzle throat occurs. This allows to have an almost constant thrust
during the entire burning time.

4.2 detailed motor design

The hybrid rocket motor has been designed specifically for ground
testing purpose and consequently it has a heavy battleship design,
as it can be seen in figure 4.3. The combustion chamber case has
been designed to withstand a maximum pressure of 40 bar with a
high safety factor. It is composed of a cylindrical section and two
flanges, connected together by a set of eight threaded rods. The
basic equations used to design these metal components are those for
cylindrical pressure vessel and those for circular plates with central
holes. The thickness of the cylindrical case and of the flanges depends
on the tensile strength σ of the material used, which in this case is
carbon steel:

tcyl = SF
PccDcyl

2σ
(4.16)

tfl =

√
SF

kPccD2
fl

4σ
(4.17)

where SF is the design safety factor and k a geometric coefficient
that depends on the ratio between the outer diameter and the hole
diameter of the circular plate.
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Figure 4.3: CAD model (top) and real model (bottom) of the hybrid rocket
motor assembled on the test bench

The sealing between the flanges and the cylinder is granted by a
graphite braid packing seal, which is able to withstand high tempera-
tures. The combustion chamber design is very simple and allows to
have a different motor length only changing the cylindrical section.

The inlet flange is directly connected to the catalytic reactor with
a two-piece clamping collar. Here it is possible to add the swirl
injector or the axial injector, depending on the configuration that
needs to be tested. The catalytic reactor will not be discussed in
detail here, as it was already developed by the Hybrid Propulsion
Group of the University of Padova. The outlet flange accommodates
a convergent-divergent graphite nozzle, which is held in place with
a smaller steel flange. These two flanges are connected together by
four bolts, specifically designed to break in case of an overpressure
higher than 60 bar inside the motor. The rupture bolts allow to have
a predetermined failure point of the system, in order to avoid major
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Figure 4.4: CAD model section view of the swirl injection (top) and the axial
injection (bottom) hybrid rocket motor

damage to the combustion chamber or the whole experimental setup
in case of an unexpected event.

The combustion chamber presents two pressure sensors connections
and several thermocouples ports. Two pressure sensors can be used
for redundancy or to measure both low and high frequency instabili-
ties, if a sensor with a very fast response time is employed. Several
thermocouples can be used to measure the temperature of the thermal
protections and to check that the temperature of the structural compo-
nents does not get too high. Unfortunately, the thermocouples cannot
be used to control the temperature inside the combustion chamber
due to their measurement range limits, but eventually can be used
to evaluate the fuel regression rate if placed inside the solid grain at
different radial positions.

As previously said, the two different configurations of hybrid rocket
motor are the one with swirl injected HTP burning with HDPE, and
the one that uses axial injection of HTP together with a paraffin-based
fuel grain. The two configurations are represented in figure 4.4. It is
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Figure 4.5: Characteristic geometric dimensions of the swirl injector

possible to see that inside the combustion chamber metal case there is
a number of parts assembled in a cartridge-like fashion. The cartridge
is composed of a cylindrical liner made of HDPE, which protects the
motor case and contains all the expendable components. The expend-
able components are joined together using high temperature silicone
to prevent leakages at the interfaces. Starting from the inlet side there
is the inlet flange thermal protection, the pre-combustion chamber, the
solid fuel grain, the post-combustion chamber, and the outlet flange
thermal protection. The pre-combustion chamber is generally used
only in the axial injection configuration, while the length of the pre-
and post-combustion chambers can be varied depending on the motor
design. The two flange thermal protections are made of a phenolic
composite reinforced with cotton fabric. This composite material,
commonly known as cotton-phenolic, is a good compromise between
performance and cost compared to carbon-phenolic.

The swirl injection configuration, as it is clear from its name, em-
ploys a swirl injector, which is of the inward type with fully tangential
holes. A common parameter used to describe this type of injector is
the geometric swirl number [14, 35]:

SNg =
Re(Re − Rh)

RhNh
(4.18)

where Re is the internal radius of the injection plate outlet section,
Rh is the radius of the tangential holes, and Nh is the number of
holes. These geometric dimensions are better shown in figure 4.5. It is
important to underline that the geometric swirl number is not equal to
the local swirl number at the injection plate or inside the combustion
chamber. The effective swirl number is defined as the ratio between
the axial flux of the tangential momentum and the axial flux of the
axial momentum [14]:

SN =

∫
$vxvϑRdA

R0
∫

$v2
xdA

(4.19)

However, the effective swirl number at the injection plate is directly
proportional to the geometric swirl number. The advantage of using
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Figure 4.6: CAD model (top) and real model (bottom) of three fully tangential
swirl injectors: from left to right SNg = 2, SNg = 2.53, SNg = 3.33

the latter parameter is that it can be evaluated by means of only
geometric quantities, without the need for local measurements of
specific fluid unknowns.

The swirl intensity of the flow field inside the combustion chamber
strongly affects the regression rate. For this reason, three different
swirl injectors have been taken into account, as it can be seen in figure
4.6: one with SNg = 2, obtained with ten 5 mm diameter holes, placed
on two ranks; one with SNg = 2.53, obtained with ten 4.5 mm diameter
holes, placed on two ranks; one with SNg = 3.33, obtained with six
5 mm diameter holes, placed on one rank. Two more constraints have
been given to the geometry of the injection plate. First, the Mach
number across a single tangential hole cannot exceed 0.3 to avoid a
too high pressure drop. Second, the length to diameter ratio of the
tangential holes must be greater than 1.5 to ensure that the flow across
each hole almost follows the direction of its axis, in order to have a
real fully tangential injection.

On the other hand, the axial injection configuration uses an axial
injector that is basically a circular plate with a certain number of holes.
The purpose of the plate is to better distribute and straighten the flow
of decomposed hydrogen peroxide, coming from the catalytic reactor,
before entering inside the pre-combustion chamber. Again, the ratio
between the area of the full plate and the area of the perforated plate
has been evaluated in order to have a maximum Mach number of 0.3
across the holes and consequently a minimum pressure drop along
the injection plate.
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4.3 numerical investigation

A numerical investigation of the hybrid rocket motor with swirl
oxidizer injection has been carried out, in order to verify the design of
both the injection plate and the whole motor. A commercial CFD code,
which solves the RANS equations associated with the flow field inside
the combustion chamber, has been used to analyze its characteristic
behavior. If the boundary conditions are properly setup and the
numerical models are carefully chosen, a numerical analysis can be a
powerful instrument to predict the system operation and therefore it
can be used to support the design process of a hybrid rocket motor.
Moreover, it allows to visualize the flow field inside the combustion
chamber and to measure local parameters in critical positions that are
otherwise impossible to reach in an experimental setup.

Only the configuration that uses swirl injected HTP burning with
HDPE has been studied, since the axial injection configuration can be
designed just with the one-dimensional code. First, the swirl injector
has been analyzed on its own to verify the results of the design process,
in terms of pressure drop along the injector and of streamlines angle
with respect to the holes axes. Afterwards, several configurations of
the whole hybrid rocket motor have been examined, in order to refine
the design of the combustion chamber, if needed, and to predict the
results of the experimental campaign.

The numerical simulations take advantage of the rotational periodic-
ity of the geometries, reducing the axisymmetric flow field to a single
slice. The slice covers an angle that depends on the number of injector
holes, where a motor portion corresponding to a single injector hole is
simulated. This approach permits to reduce the computational time
needed to obtain a numerical solution.

4.3.1 Boundary Conditions and Models

The setup of all the numerical simulations is similar regardless
of the analyzed configuration. In figure 4.7 the flow field geometry
associated with both the swirl injector and the combustion chamber is
presented, in order to show the different surfaces where the following
boundary conditions are imposed.

An inlet boundary condition is given at the injector holes surface
and at the solid grain surface. This means that both the mass flow
rate and the temperature of the injected chemical species are fixed.
The mass flow rate is injected tangentially to the inlets area and the
velocity is computed from the mass flow rate definition:

ṁ = $v ·A (4.20)

The oxidizer is HTP at a concentration of 90 % by weight. Since the
catalytic reactor has not been studied here, the oxidizer is injected
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Figure 4.7: Flow field associated with the hybrid motor and divided by color
into injector, fuel grain, post-combustion chamber and nozzle

already decomposed into a mixture of gaseous oxygen and water
vapor at a temperature of 1018 K. The decomposition temperature
is computed with a thermochemical code [45], while the chemical
composition of the decomposed HTP mixture depends only on its
concentration. For pure hydrogen peroxide it is possible to obtain the
following formula:

2 H2O2 −−→ 2 H2O + O2 (4.21)

while for a concentration of 90 % by weight the result is:

28.6 H2O2 + 6 H2O −−→ 34.6 H2O + 14.3 O2 (4.22)

The fuel is HDPE and is injected already decomposed as gaseous ethy-
lene at a temperature of 900 K, which is approximately the temperature
of the pyrolyzed grain surface. The mixture ratio is fixed at 6.

A fixed pressure is imposed at the outlet section of the swirl injec-
torif only the injection plate is analyzed, or at the nozzle exit surface
of the complete hybrid rocket motor. In the first case a pressure of
20 bar has been chosen, because this value is comparable to the one
expected inside the combustion chamber and it allows to characterize
the injection section during real steady operating conditions of the
motor. On the other hand, in the second case the nozzle perfectly
expands the flow to ambient pressure, in order to simulate the ground
firing tests. However, a space motor has a higher expansion ratio and
works in a vacuum environment.

All the other surfaces are modeled as adiabatic walls. Here the
no-slip condition is imposed to the flow, in order to take into account
the viscosity of the fluid:

v = vw = 0 (4.23)

When the whole hybrid rocket motor is analyzed, the combustion
process is simplified with a single-step chemical reaction:

2211 O2 + 737 C2H4 −−→ 1274 CO2 + 1247 H2O

+ 200 CO + 152 H2 + 150 OH + 138.5 O2 (4.24)
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Figure 4.8: Comparison between thermochemical calculations and single-step
reaction: molar fractions (left) and mass fractions (right)

The chemical products have been chosen using the results of a ther-
mochemical code [45], where the species with a molar fraction lower
than 1× 10−3 have been neglected in order to reduce the required
computational time. In figure 4.8 a comparison between the thermo-
chemical code calculations and the single-step chemical reaction is
presented, for both molar and mass fractions of the reaction products.
In order to model the flame zone, the mixture ratio used to obtain the
combustion reaction formula is equal to the stoichiometric one. The
combustion process is analyzed considering all the chemical species
as ideal gases and using the eddy dissipation model to treat the chem-
istry of the flame. This approach does not include chemical kinetics
effects and is a good approximation for typical hybrid rocket motors
where the chemical reactions rate is higher than the mixing rate of the
reactants in the turbulent diffusion flame. This is summarized by a
large Damköhler number, which is defined as the ratio between the
turbulent time scale and the chemical time scale:

Da =
τt

τc
� 1 (4.25)

The turbulence model used in the numerical simulations is the
isotropic turbulence model k− ω SST. It was developed to combine
the advantages of the k− ε model with the ones of the k−ω model,
using a blending function to switch between the two [80]. The first
model is used in the free-stream zone, where its accuracy is higher,
while the second one is used in the near-wall region, because it can
precisely simulate the flow in the viscous sub-layer. The k− ω SST
is a two-equations eddy-viscosity turbulence model, meaning that it
includes two extra transport equations to characterize the turbulent
properties of the flow. The first transported variable is the turbulent
kinetic energy k, which determines the energy in the turbulence, while
the second transported variable is the specific dissipation rate ω, which
determines the scale of the turbulence.

The numerical investigation has been carried out with a steady-
state, pressure-based, coupled solver, where the governing equations



4.3 numerical investigation 75

Figure 4.9: Magnified section of the unstructured mesh

Table 4.1: Test matrix of the analyzed configurations

Config
SNg [-] Lpost [mm] Dp [mm]

2 2.53 3.33 20 35 50 25 50

1 • • •
2 • • •
3 • • •
4 • • •
5 • • •
6 • • •
7 • • •
8 • • •

have been discretized with a second order method. The mesh type
is unstructured with tetrahedral elements, whose overall size, local
refinements and inflations have been chosen after a convergence study.
In figure 4.9 a magnified section of the unstructured mesh is shown.
Here it is possible to better visualize the local size of the tetrahedral
elements in the post-combustion chamber and in the nozzle region.

4.3.2 Configurations and Results

Only the configuration with swirl injected HTP burning with HDPE

has been studied. The first part of the numerical investigation is
related to the analysis of the three different swirl injectors, which are
characterized by a geometric swirl number of SNg = 2, SNg = 2.53,
and SNg = 3.33 respectively. Once the design of the injectors has been
verified, several configurations of the whole hybrid rocket motor have
been examined. Three main parameters can be varied, namely the
injector geometric swirl number, the post-combustion chamber length,
and the diameter of the fuel circular port. In table 4.1 the test matrix
of all the analyzed configurations is presented.
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Figure 4.10: Velocity contour and streamtraces in a swirl injector

It is important to underline that the length of the solid fuel depends
on the selected swirl injector, because a higher swirl number results
in a faster regression rate. For this reason, the grain length has been
selected accordingly, in order to keep the overall mixture ratio of
the hybrid rocket motor constant. Using the experimental results of
similar firing tests performed by the Hybrid Propulsion Group of the
University of Padova, the length has been evaluated as following: for
SNg = 2 the grain is 177 mm long, for SNg = 2.53 the grain is 144 mm
long and for SNg = 3.33 the grain is 118 mm long.

The first part of the numerical investigation analyzes the swirl
injector on its own to verify the results of the design process, in terms
of pressure drop along the injector and of streamlines angle with
respect to the holes axes. The three different configurations have been
studied, namely SNg = 2, SNg = 2.53 and SNg = 3.33. The pressure
drop along the injectors is about 5 % of the upstream pressure, or
around 1 bar, for all the analyzed configurations. However, this result
is trivial because it comes from the initial constrain on the Mach
number that cannot exceed 0.3. Regarding the streamlines shape, the
oxidizer flow is injected into the combustion chamber following a path
that is almost parallel to the holes axes, ensuring that the geometric
swirl number of the real swirl injector is equal to the design one. The
streamlines on two sections of a swirl injector are shown in figure
4.10: the first section is along a plane parallel to the holes axes and
perpendicular to the motor axis, while the second one is along a plane
parallel to both one hole axis and the motor axis. In these figures just
one slice of the swirl injector, which corresponds to a single injector
hole, is visible.

The most important part of the numerical investigation is related to
the simulation of the whole combustion chamber. Following the test
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Figure 4.11: Characteristic helical streamlines associated with swirl injection

Table 4.2: Performance parameters of the analyzed configurations

Config c?th [m/s] c?numP
[m/s] c?numF

[m/s] ηP [%] ηF [%]

1 1593.3 1632.9 1554.3 102.5 97.6
2 1593.3 1650.5 1557.1 103.6 97.7
3 1593.3 1678.7 1559.7 105.4 97.9
4 1593.3 1690.2 1560.4 106.1 97.9
5 1593.3 1705.1 1560.3 107.0 97.9
6 1593.3 1632.3 1551.6 102.4 97.4
7 1593.3 1651.9 1554.3 103.7 97.6
8 1593.3 1678.7 1555.2 105.4 97.6

matrix already presented, the influence of three parameters has been
studied: the injector geometric swirl number, the post-combustion
chamber length, and the grain port diameter. It is important to un-
derline that the swirl injector forces the gaseous oxidizer to enter the
combustion chamber with a strong tangential velocity component.
The consequence is the formation of the characteristic helical stream-
lines that distinguish the flow field of this particular type of hybrid
rocket motor, as it can be seen in figure 4.11. The increased turbulence
level enhances the heat transfer to the fuel surface and guarantees
a better mixing between the chemical species inside the combustion
chamber. The result is that the fuel grain burns at faster rates and that
a more complete combustion is achieved, thus guaranteeing a higher
regression rate and a higher combustion efficiency.

A summary of the performance parameters for all the analyzed
configurations is presented in table 4.2. Two different characteristic
velocities can be evaluated from the numerical results, namely the
characteristic velocity computed from the pressure:

c?numP
=

Pcc At

ṁtot
(4.26)

and the characteristic velocity computed from the thrust:

c?numF
=

F
ṁtotCF

(4.27)
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where the combustion chamber pressure is the average value evaluated
on a section just before the nozzle convergent part. Moreover, the
thrust is computed as:

F = ṁtotve + (Pe − Pa)Ae (4.28)

and the thrust coefficient includes a factor that takes into account the
non monodimensionality of the isentropic flow through the nozzle,
because the geometry is characterized by a certain divergent angle:

CF = CF0

1 + cos
(

α
2

)
2

(4.29)

However, this coefficient does not take into account other real nozzle
losses, like viscous effects or heat transfers, and as a result the char-
acteristic velocity computed from the thrust could be slightly higher,
generally no more than 1 % to 2 % [109]. Depending on the perfor-
mance parameter considered, two different expressions of the motor
efficiency can be obtained:

ηP =
c?numP

c?th
(4.30)

ηF =
c?numF

c?th
(4.31)

where the theoretical characteristic velocity is computed with a ther-
mochemical code [45], considering a shifting equilibrium flow model.

Considering the results of the numerical investigation, it is possible
to realize that the pressure efficiency is higher than 100 %, even if this is
physically unreasonable. As theoretically examined by several authors,
this phenomenon is the consequence of a reduction of the effective
throat area when a swirling flow, which has a strong tangential velocity,
passes through a convergent-divergent nozzle, due to the centrifugal
forces that oppose the flow when it approaches the nozzle throat [1, 38,
43, 72]. For this reason, the efficiency computed from the thrust has
been used as performance parameter in order to compare the different
test cases.

All the analyzed configurations exhibit a very high efficiency, above
97 %. It is hard to see a significant increase of the combustion efficiency
with higher geometric swirl numbers or longer post-combustion cham-
bers. This is imputable to the fact than even the configuration with
the lower geometric swirl number and the shorter post-combustion
chamber is able to create a turbulence level high enough to promote
an almost complete mixing of the chemical species inside the motor.
It is important to underline that the swirl intensity decreases along
the motor axis and in particular inside the post-combustion chamber,
where the difference between its diameter and the fuel port diameter
causes a decrease of the tangential velocity for the angular momentum
conservation [15–18, 83–85].
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However, three main trends can be recognized. Given the same
initial port diameter, the motor efficiency increases with a higher
geometric swirl number. Unfortunately, as already said, it is not
possible to see any influence of the post-combustion chamber length
because the effect of the high geometric swirl number is predominant,
but it is reasonable to affirm that the motor efficiency would also
increase with a longer post-combustion chamber. On the other hand,
for a fixed swirl number, a bigger port diameter has the opposite
effect on the motor efficiency because the reduced difference between
the port area and the post-combustion chamber area diminishes the
mixing capabilities of this motor section. In figure 4.12 and 4.13, the
contours of relevant variables are presented, in order to compare the
results between the same configuration with different port diameters,
namely configuration 3 and configuration 8.

It is important to underline that the larger port diameter causes the
formation of a recirculation zone immediately after the swirl injector,
due to the large difference between the two diameters and the lack of
a pre-combustion chamber. This could lead to a higher and uneven
regression rate at the fuel grain head-end.
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Figure 4.12: Configuration 3 numerical results: contours of velocity, tempera-
ture, oxygen and ethylene mass fractions
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Figure 4.13: Configuration 8 numerical results: contours of velocity, tempera-
ture, oxygen and ethylene mass fractions





5
E X P E R I M E N TA L A C T I V I T Y

The regression rate and the combustion efficiency of a hybrid rocket
motor with swirl oxidizer injection are strongly related to the turbu-
lence intensity created inside the combustion chamber by the injector
itself [44, 67, 70, 78, 81, 100, 101, 104]. For this reason, the main
objective of the experimental activity that will be presented in this
chapter is to understand the effects of the geometric swirl number on
the performance of a hybrid rocket motor burning HTP with HDPE.

Moreover, the possibility of tailoring the regression rate based on
the actual mission requirements has been investigated. The throttling
capability of this configuration has been tested as well, with a real-time
deep throttling firing test that uses a flow control valve specifically
developed for this purpose by the Hybrid Propulsion Group of the
University of Padova [96, 97, 99].

The second motor configuration that has been considered uses an
axial injector with HTP and paraffin wax as propellant combination.
Unfortunately, paraffin-based fuels have been often regarded with
skepticism due to their low melting temperature and softening point.
Because these material properties could represent a limitation for
specific applications with extended temperature range for long periods,
there is often a common misconception on paraffin hybrid motors:
the paraffin grain will soften and melt during a long burn. However,
according to the liquid layer theory, the heat transfer from the flame is
able to melt only a very thin layer near the surface, whereas the rest of
the grain should remain at room temperature unless it is heated from
other paths [58, 59]. With proper motor thermal insulation, a paraffin
grain should be able to withstand a long burn.

Based on this theory, during the experimental activity, the capability
of paraffin-based fuels to operate successfully for a long burn without
major issues has been proven. To achieve this goal, a laboratory-
scale hybrid motor using HTP and paraffin has been tested up to 80 s
[87, 102]. To the best of the author’s knowledge, this is the longest
burn of a paraffin-based hybrid motor ever documented. In order to
demonstrate the liquid layer theory, the temperature of the fuel grain
has been monitored during the burn.

5.1 test bench setup

The test benches available to the Hybrid Propulsion Group of the
University of Padova allow to conduct firing tests of both small-scale
and medium-scale hybrid rocket motors, up to a sea-level thrust of

83
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Figure 5.1: P&ID of the test bench setup for small-scale motors

about 10 kN. The experimental setup used for the laboratory-scale
motors is the one that interests the following test campaigns and is
schematically represented in figure 5.1.

Looking at the detailed P&ID from upstream to downstream, the
components of the test bench are a high pressure nitrogen vessel,
the pressure regulation block consisting of two pressure regulators
connected in series, the oxidizer tank, a series of tubes and automated
ball valves connected by double ferrule fittings, the cavitating venturi,
and finally the hybrid rocket motor.

The oxidizer tank consists of a cylindrical barrel with two flat
bulkheads connected at its ends. Inside the tank two volumes are
separated by a piston, where the upper volume hosts the pressurant,
while the lower one holds the oxidizer. The impermeability of the
piston is granted by a specific dynamic sealing. Connected to the
piston, and directed upward, there is a stem that crosses the uppermost
bulkhead and is directly linked to a linear potentiometer. Thanks to
the potentiometer signal output, both the instantaneous mass flow
and the cumulative mass can be determined. This is a good method
to measure the mass flow over a wide range of values. Two oxidizer
tanks are available for the experiments, one for short burns with a
capacity of 4 L, and the other for longer burns with a capacity of 12 L.
In order to guarantee the accuracy of the measurements, most of the
gas and fluid in the lower volume is vacuum removed before each test
and afterwards the tank is filled up, thus reducing the ullage volume
during the firing tests.

All the valves in the feed line are ball valves that are operated either
manually (on site or from the remote control room), or automatically
with an electropneumatic actuator. A remote PLC controller opens and
closes each automatic valve, following a predetermined test procedure
that depends on the test configuration. The first valve after the high
pressure nitrogen vessel is manually operated for safety reasons, to
be sure that there cannot be unexpected pressure in the system. The
bypass valve is activated before the firing tests to pressurize the oxi-
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dizer tank slowly, where the pressurization transient depends on the
needle valve opening size. Afterwards, the pressure is maintained
constant activating the main pressure valve. The tank valve and the
line valve are used as safety redundancy and to divide the feed line
in shorter sections for cleaning reasons. The dump valve is used
to empty the feed line from the residual oxidizer. The purge valve,
instead, allows low pressure nitrogen to flow trough the last part of
the line and through the combustion chamber, in order to purge this
volume from any residual oxidizer still present at the end of a firing
test. The last valve before the hybrid rocket motor is the main valve,
which is actuated in order to start or stop the firing test. To ensure
full safety during the tests, various rupture disks and relief valves
are mounted at different locations inside the tank and along the feed
line. In case of unexpected overpressure, the gases are vented to the
atmosphere outside of the testing area while the fluids are collected
inside an external barrel.

There are five pressure sensors of particular interest placed along
the feed line. The first and the second sensor are used to monitor
the pressure of the nitrogen vessel and to set the pressure after the
regulation block, depending on the test configuration. Another sensor
is screwed in the upper bulkhead of the oxidizer tank and hence
measures the pressurant pressure. The last two sensors are placed
immediately upstream and downstream of the cavitating venturi, to
be sure that the oxidizer mass flow is chocked and thus independent
of the downstream pressure. Two more sensors are connected to
the hybrid rocket motor, one after the catalytic reactor and one in
the middle of the post-combustion chamber, which are also used to
measure the pressure drop along the swirl injector.

Two thermocouples are placed before and after the catalytic reactor,
where the former measures the outflow temperature in order to com-
pensate the density data, while the latter monitors the decomposition
efficiency. Moreover, several thermocouples are placed in the external
part of the motor case to monitor if there is excessive heating of the
structural components or a flame break through.

The hybrid rocket motor is connected to a thick board made of
carbon steel using a clamping system. The rigid board has four linear
carriages laying on two parallel linear guides, which are connected
to the test bench main structure. With this simple configuration, the
motor is allowed to move along the axial direction and to transfer its
thrust to a button load cell installed on the main structure. The setup
just described is shown in figure 5.2.

Before the start of the experimental campaign, a preliminary analysis
of the catalytic reactor has been performed. In fact, it is possible
to test this section of the hybrid rocket motor in a monopropellant
configuration, as it can be seen in figure 5.3. A dedicated nozzle
flange has been applied directly downstream of the catalytic reactor,
in order to reduce the empty volume and thus the filling time. The
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Figure 5.2: Hybrid rocket motor assembled on the test bench

Figure 5.3: Catalytic reactor in the monopropellant configuration
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monopropellant tests are aimed to evaluate the suitability and steady
state performance of the catalytic decomposition method currently
employed, over a wide range of oxidizer mass flows and combustion
chamber pressures. The nozzle applied to the monopropellant motor
allows to have nearly the same range of operative pressures with
respect to the one predicted for the static tests at the same oxidizer
mass flow. Moreover, one monopropellant firing has been performed
before the first hybrid rocket motor test of each day, in order to exclude
the possibility of a malfunctioning of the catalytic reactor.

5.2 swirl oxidizer injection

The most important part of the test campaign is related to the
hybrid rocket motor that has been designed and simulated in chapter
4. For the sake of clarity, this configuration uses swirl injected HTP

burning with HDPE. The propellant ignition is spontaneous and an
external system is not required, since the oxidizer is decomposed with
a catalytic reactor into hot oxygen and water vapor at a temperature
of around 1000 K. For the experimental activity, HTP at a concentration
of 91.5 % has been used as oxidizer. A mass flow rate of about 100 g/s
has been kept constant over the whole experimental activity. Each
firing test lasts for 10 s. Moreover, the mixture ratio has been fixed
at 6.5 considering only the fuel blowing from the grain surface. This
allows to obtain a slightly fuel rich mixture that limits the erosion
of the nozzle and the thermal protections, still being able to reach a
characteristic velocity close to the maximum value.

In order to decide the test matrix, three different goals have been
fixed before starting the experimental activity: comparing different
injectors with the same post-combustion chamber; comparing the
same injector with different post-combustion chambers; comparing
the same motor with different grain port diameters. In order to obtain
these results, three main parameters can be varied, namely the injector
geometric swirl number, the post-combustion chamber length, and
the diameter of the fuel circular port.

Recalling the design process results, three swirl injectors have been
available for testing: one with SNg = 2, obtained with ten 5 mm
diameter holes, placed on two ranks; one with SNg = 2.53, obtained
with ten 4.5 mm diameter holes, placed on two ranks; one with SNg =

3.33, obtained with six 5 mm diameter holes, placed on one rank. The
length of the post-combustion chamber, which has a simple cylindrical
shape, can be chosen equal to 50 mm, 35 mm or 20 mm.

The grain is considered to maintain its circular shape during the
firing test and to burn homogeneously along the length. The instan-
taneous value of the fuel port diameter can be evaluated integrating
numerically the empirical relation (2.34) derived in chapter 2:

ṙ = aGn
ox (5.1)
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Figure 5.4: Regression rate (left) and port diameter (right) as a function of
burning time

where the oxidizer mass flux is equal to:

Gox =
ṁox

Ap
=

4ṁox

πD2
p

(5.2)

The dynamic equation of the space averaged port diameter can be
written as:

dDp

dt
= 2ṙ = 2aGn

ox =
22n+1

πn a
ṁn

ox
D2n

p
(5.3)

However, if the oxidizer mass flow rate is kept constant during the
burning time, this expression can be integrated to obtain the port
diameter as a function of time:

Dp(t) =
[

D2n+1
p0

+
(2n + 1)22n+1

πn aṁn
oxt
] 1

2n+1

(5.4)

For HTP burning with a paraffin-based fuel or with HDPE, n = 0.5
is a good assumption, as was already demonstrated by several in-
ternational researchers [79, 112, 113] and confirmed by the Hybrid
Propulsion Group of the University of Padova during other test cam-
paigns performed under similar conditions. For what concerns the
regression rate constant a, previous experimental results led to pre-
liminary values of this parameter depending on the geometrical swirl
number: a = 0.0886 for SNg = 2, a = 0.1086 for SNg = 2.53, and
a = 0.1327 for SNg = 3.33 (these values are used to compute the
regression rate in mm/s with an oxidizer mass flux measured in
kg/m2s). For the present test campaign, the reference initial grain
diameter has been fixed equal to 25 mm, which is also the diameter of
the outlet section of the swirl injectors. The regression rate and the
port diameter as a function of time are represented in figure 5.4 for
the three swirl injectors.

Moreover, in order to evaluate the actual regression rate parameters
a and n, at least two experimental data at different oxidizer mass
fluxes are needed. For this reason, each motor configuration has been
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Table 5.1: Test matrix of the experimental campaign

Test SNg [-] Lp [mm] Dp [mm] Lpost [mm]

1 2 170 25 20
2 2 170 25 50
3 2 170 43.5 50
4 2 170 56 50
5 2.53 140 25 20
6 2.53 140 25 35
7 2.53 140 25 50
8 2.53 140 46.5 50
9 2.53 140 61 50
10 3.33 125 25 20
11 3.33 125 25 35
12 3.33 125 25 50
13 3.33 125 50 50
14 3.33 125 66.5 50

tested with three different initial port diameters: the reference initial
diameter, the diameter that the grain would have after 10 s of burn,
and the diameter that the grain would have after 20 s. It is important
to note that the actual value of the circular port diameter after 10 s
and 20 s depends on the selected injector.

Finally, the fuel length can be evaluated from the preliminary values
of the regression rate for each swirl injector. For a single circular port
hybrid rocket motor, the fuel mass flow is equal to:

ṁ f = πDpLp$ f ṙ (5.5)

Remembering that the mixture ratio is defined as the ratio between
the oxidizer mass flow and the fuel mass flow:

ϕ =
ṁox

ṁ f
(5.6)

with some substitutions the length of the fuel grain can be computed
with the following relation:

Lp =
πn−1D2n−1

p ṁ1−n
ox

4naϕ$ f
(5.7)

The actual lengths of the solid grains are not exactly the same as the
ones computed in chapter 4 due to manufacturing reasons.

The complete test matrix of this experimental investigation is sum-
marized in table 5.1, where the fundamental geometrical dimensions
are reported as well.

A typical firing test is shown in figure 5.5, where the shock dia-
monds over the flame length can be appreciated. The typical experi-
mental data, measured during both the monopropellant tests and the
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Figure 5.5: Typical firing test of a hybrid rocket motor with swirl injection

Figure 5.6: Pressure of a monopropellant (left) and a bipropellant (right) test

bipropellant tests, are shown in figure 5.6 and 5.7. Thanks to three
pressure sensors, placed immediately before and after the catalytic
reactor and in the post-combustion chamber, it is possible to evaluate
the pressure drop along the catalytic reactor and the one across the
swirl injector. The pressure drop along the injection plate is always
around 1 bar, where the higher the geometric swirl number the slightly
higher the pressure drop. It is important to underline that the pressure
oscillations inside the hybrid rocket motor, which can be as high as
±25 %, do not depend on an unstable combustion process nor on a
bad design of the combustion chamber. Instead, the pressure noise is
entirely caused by the catalytic reactor used during this test campaign,
as it is possible to understand looking at the pressure profile of a
monopropellant test. For future firing tests, the catalytic reactor will
be entirely redesigned, based on a new catalytic material and on a
larger decomposition volume. As it will be seen later in this chapter,
this redesign will be able to lower the pressure oscillations to an ac-
ceptable value of ±5 %. However, despite the pressure oscillations,
the combustion chamber pressure is constant over the burning time.
The same can be said for the oxidizer mass flow rate, confirming
the preliminary assumption that n = 0.5 for a hybrid rocket motor
burning HTP with a HDPE fuel grain.
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Figure 5.7: Oxidizer mass flow rate (left) and thrust (right) of a firing test

Figure 5.8: Helical pattern inside the paraffin grain port

The characteristic helical pattern given by the swirl injection, which
forces the oxidizer mass flow to enter the combustion chamber with a
strong tangential velocity component, leaves an imprint on the internal
surface of the grain. The marks are clearly visible in figure 5.8.

Before analyzing the performance of all the configurations tested, it
is important to make some considerations about the propellants mass
flow rates. All these information are summarized in table 5.2. The
oxidizer mass flow rate is almost equal to the target one of 100 g/s
and the mixture ratio calculated considering only the fuel grain is
really close to the design one, where the average value of all the firing
tests is around ϕgr = 6.6. However, during the design phase of the
hybrid rocket motor, only the fuel mass flow rate blowing from the
grain surface has been considered. To compare the influence of the
other components of the combustion chamber, the contribution to the
total fuel mass flow rate of a single component must be introduced.
For example, for the solid grain this parameter is defined as:

εgr =
ṁ fgr

ṁ ftot

(5.8)
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Table 5.2: Fuel mass flow contribution of each motor component

Test ṁox [g/s] ϕ [-] ϕgr [-] εgr [%] εpost [%] εcpf [%]

1 0.1022 4.82 5.75 83.77 6.81 9.42
2 0.1065 4.00 6.09 65.61 21.74 12.65
3 0.1027 4.50 6.09 73.91 18.84 7.25
4 0.1043 4.44 5.93 74.77 16.51 8.72
5 0.1038 5.54 7.10 78.03 9.25 12.72
6 0.1052 5.76 8.20 70.24 16.07 13.69
7 0.1031 4.48 7.03 63.76 27.98 8.26
8 0.1039 4.90 7.14 68.56 22.16 9.28
9 0.1017 4.46 6.32 70.56 19.16 10.28
10 0.1045 5.34 6.62 80.66 8.29 11.05
11 0.1049 4.88 6.64 73.50 17.00 9.50
12 0.1029 4.10 6.26 65.52 25.00 9.48
13 0.1031 4.19 6.42 65.24 22.74 12.02
14 0.1053 4.24 6.41 66.24 21.37 12.39

where the fuel mass flow of each component is evaluated from its
weighted mass loss divided by the burning time. The contribution of
the post-combustion chamber εpost can be higher than 25 % and this
is the reason for the very low values of the overall mixture ratio. On
the other hand, the contribution of the two cotton-phenolic flanges is
around 10 %, value that is acceptable considering the trade-off between
the material properties and cost.

As introduced in chapter 4, two different characteristic velocities
can be computed:

c?exP
=

Pcc At

ṁtot
(5.9)

c?exF
=

F
ṁtotCF

(5.10)

and consequently two different motor efficiencies:

ηP =
c?exP

c?th
(5.11)

ηF =
c?exF

c?th
(5.12)

In order to compute the theoretical characteristic velocity, the mass
flow coming from the consumption of the two cotton-phenolic flanges
has been considered as gasified HDPE. The reason is that it is compli-
cated to model the decomposing cotton-phenolic composite material,
because it creates char while burning, and it is out of the scope of
this test campaign. This assumption is on the safe side because the
characteristic velocity of the cotton-phenolic is lower compared to the
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Table 5.3: Experimental results of the test campaign

Test ṁox [g/s] ϕ [-] Pcc [bar] F [N] ηP [%] ηF [%]

1 0.1022 4.82 20.1 261.8 95.7 97.4
2 0.1065 4.00 21.4 274.5 98.7 97.2
3 0.1027 4.50 20.6 253.7 97.6 93.6
4 0.1043 4.44 20.2 257.1 93.8 93.7
5 0.1038 5.54 20.8 259.7 98.4 95.1
6 0.1052 5.76 20.3 261.2 94.9 94.7
7 0.1031 4.48 20.7 266.9 97.7 98.1
8 0.1039 4.90 18.8 232.9 88.3 86.0
9 0.1017 4.46 20.4 254.5 97.8 95.0
10 0.1045 5.34 21.1 261.9 97.9 95.0
11 0.1049 4.88 21.1 262.9 98.1 94.8
12 0.1029 4.10 20.9 261.2 98.5 96.1
13 0.1031 4.19 21.0 259.5 98.9 95.2
14 0.1053 4.24 20.6 259.2 95.0 93.3

one of the HDPE. Moreover, the contribution of the two cotton-phenolic
flanges to the total fuel mass flow is relatively small.

From the experimental results presented in table 5.3, it is possible
to see that all the analyzed configurations have a very high efficiency,
except for configuration 8. This is imputable to an anomalous gas
leakage in the motor, because the fuel regression rate is in line with
the other firing tests and no major problems with the injection plate
or the graphite nozzle have been found. Unfortunately, in order to
keep the cost of the experimental activity low and due to the short
amount of time available, no repeatability tests have been performed.
Moreover, configurations 1 and 7 exhibit a thrust efficiency higher
than the pressure efficiency, probably imputable to some measurement
errors and a throat erosion effect.

As opposed to the numerical results, the values of the two expres-
sions of motor efficiency are very close one to the other. This means
that the reduction of the effective throat area caused by the swirling
flow is not as significant as expected from the numerical simulations.
The reason probably lies in the fact that the post-combustion cham-
ber has been simulated as an adiabatic wall, thus neglecting the fuel
coming from the ablating surface. However, the results of the firing
tests suggest that this contribution is significant. The mass flow that is
injected in this area of the motor reasonably reduces the swirl number,
both due to the mass addition and to the increased chemical reactions.
Consequently, a lower swirl number results in a smaller effective throat
area reduction.

Looking at the motor performance of all the configurations, summa-
rized in table 5.3, it is possible to recognize the same trends that have
been found during the numerical investigation of chapter 4. First and
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most important, even the configuration with the smaller geometric
swirl number and the shorter post-combustion chamber has a high
efficiency. For this reason, it is hard to see a significant trend of the
efficiency that should increase with the geometric swirl number and
with the post-combustion chamber length. However, this important
result leads to the conclusion that in this type of hybrid rocket motor
a post-combustion chamber is not really needed, and for this reason
this component will be removed for the next experimental activity.
On the other hand, the effect of the grain port diameter is clearly
visible: the efficiency decreases with a larger initial port diameter
because, as it has been found with the numerical analysis, the mixing
in the post-combustion chamber is less effective when the difference
in diameters between this section and the grain port is smaller.

Thanks to the large amount of experimental tests, where the same
motor configuration has been fired with three different initial grain
diameters, it is possible to calculate the regression rate coefficients a
and n. First, the space-time averaged form of the regression rate is
evaluated from the measurement of the burned fuel mass. It is not
possible to measure the regression rate directly from the variation
of the port diameter, because the consumption is uneven along the
grain axis, mainly at the head-end side due to injection phenomena.
Defining the measurement before and after the firing test with the
subscripts 1 and 2, the regression rate can be computed as:

∆M f = M f1 −M f2 (5.13)
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Unfortunately, the grain port surface is not the only one that blows
fuel during the burning time. Also the grain lateral face on the
post-combustion chamber side is consumed, due to the strong flow
recirculation in this region. In order to remove the face contribution to
the grain fuel mass flow, some more geometrical measurements of this
area have been taken. This process allows to evaluate the regression
rate of the grain port alone. Afterwards, the average grain port area
and consequently the average oxidizer mass flux can be computed:
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D2
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+ D2

p2

4
(5.17)

Goxavg =
ṁox

Apavg

(5.18)

Finally, it is possible to calculate the values of the regression rate
coefficients for each swirl injector, which are summarized in table 5.4.
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Table 5.4: Regression rate coefficients for the three swirl injectors

SNg a n

2 0.0665 0.511
2.53 0.0855 0.491
3.33 0.0976 0.506

Figure 5.9: Regression rate numerical fit (left) and correlation between the
geometric swirl number and the coefficient a (right)

These values are retrieved with a numerical fit of the experimental
results of the three tests with different initial port diameters, as it can
be seen in figure 5.9. The experimental results definitively confirm
that the regression rate exponent n is practically equal to 0.5, where
the small deviations are due to measurement errors and to the high
sensitivity of the regression rate coefficients to the firing time and
the burned mass estimation. Moreover, it is now possible to find a
correlation between the geometric swirl number and the regression
rate coefficient a. The numerical fit, which is shown in figure 5.9, can
be expressed as:

a = 0.0228SNg + 0.0236 (5.19)

Since the regression rate coefficient a has a dependency on the geo-
metric swirl number, it is possible to tailor the regression rate just
changing the swirl injector and thus the swirling flow intensity, based
on the specific mission requirements. Moreover, the correlation that
has been found is a simple linear law, at least across the small range
that has been analyzed.

It is crucial to emphasize the importance of fuel regression rate
tailoring for space applications. As it is possible to understand fol-
lowing the mathematical treatment of chapter 3, where some simple
analytical relations for the system design of a hybrid rocket motor
have been derived, the packaging of the hybrid propulsion system is
not very flexible and is strongly related to the sizing of the combustion
chamber, which in turn depends on parameters like the fuel regression
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Figure 5.10: Grain shapes for first case (left) and second case (right), with
a = 0.07 (top) and a = 0.12 (bottom)

rate, the burning time and the total mass of propellant required for a
specific mission.

In order to show the impact of fuel regression rate on the sizing of
the propulsion system, two design examples of a hybrid motor with a
single circular port are presented, based on typical applications like
the ones reported in chapter 1. The first case is in line with motors
designed for ascend vehicles [9, 31], whereas the second case refers
to a hypothetical low thrust motor for space applications [39]. The
mission profile fixes the burning time and the propellant mass of the
propulsion system. The first case is characterized by Mp = 80 kg and
tb = 40 s, whereas for the second case Mp = 18 kg and tb = 80 s are
considered. The propellant combination selected for both cases is HTP

as oxidizer and HDPE as fuel, at a mixture ratio of 7.
For sake of simplicity, the oxidizer mass flow rate is taken as con-

stant and the value of the regression rate exponent n is fixed equal
to 0.5, in order to avoid any mixture ratio shift with time. The initial
oxidizer mass flux is chosen equal to 500 kg/m2s. Each of the two
examples is investigated with two different values of the regression
rate constant, namely a = 0.07 and a = 0.12 (these values are used
to compute the regression rate in mm/s with an oxidizer mass flux
measured in kg/m2s). The different values of the regression rate
constant are chosen in order to simulate two different swirl intensities
of the injection plate.

The results of the grain shapes for the two design examples are
shown in figures 5.10. It is finally possible to understand the impor-
tance of regression rate tailoring: for a mission with a high propellant
mass and a short burning time (like in the first case) it is better to
have a configuration with a fast regression rate in order to improve
the volume loading and shorten the motor; on the other hand, for
a mission that requires a long burning time and a small amount of
propellant (like in the second case), the choice of an injection pattern
that gives a high regression rate may not be the best solution, because
the improvement of the grain volume loading becomes negligible
while the grain becomes too short compared to its diameter.
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5.3 real-time throttling

Throttleability is a prized feature in rockets motors because it allows
to perform peculiar mission profiles, such as soft landing. Hybrid
rocket propulsion is a throttling capable technology, but this quality is
often ignored in current research works. The only way to achieve deep
throttling in hybrid rocket motors is to control the oxidizer mass flow
that is injected into the combustion chamber. In order to do so, a flow
control valve is required and the one used in this experimental study
is based on a variable area cavitating venturi. Variable area cavitating
venturis are a particular class of control valves in which the operating
fluid reaches the saturation pressure at the throat of the venturi and
hence it cavitates. The vapor that forms at the throat limits the flow
through the venturi, which in the case of chocked flow is equal to:

ṁ = CD At

√
2$
(

P0up − Psat

)
(5.20)

It is important to note that when the flow is chocked the oxidizer
mass flow is independent of the downstream pressure. For cavitating
venturis in general this is true if the back pressure does not reach a
certain limit. In the event that this limit is reached, the cavitation at the
throat is drastically reduced or stopped and the flow becomes related
to the back pressure. Many researches reported a maximum allowed
back pressure ratio of 0.8 to 0.9 [91, 111]. The independency of the
oxidizer mass flow from the downstream pressure is an important
feature of this class of flow control valves, mainly for two reasons.
First, it is possible to mitigate the feed system instabilities since the
oxidizer tank and the combustion chamber environment are uncou-
pled. Second, without a dependency of the flow on the downstream
pressure and considering a constant upstream pressure, the flow has
a direct linear dependency on the throat area.

The variable area cavitating venturi, which is used as flow control
valve in the experimental test bench, has been specifically developed
by the Hybrid Propulsion Group of the University of Padova. It has
been characterized thoroughly and four types of characterization have
been performed: static, dynamic, maximum allowed back pressure
and cavitation instabilities [96–99]. The valve has been designed to
operate with a flow range between 30 g/s and 340 g/s and a maximum
operating pressure of 80 bar.

The flow control valve is composed of two parts, the valve main
body and the actuation, as it can be seen from the sagittal section of
the device represented in figure 5.11. Moreover, figure 5.12 shows the
flow control valve model and its integration in the feed line.

The valve consists of a conical shaped pintle that enters into the
venturi throat. This motion is achieved using a leadscrew that guaran-
tees a precise alignment and position of the pintle. A venting hole is
machined in the main body (between the sealing and the leadscrew)
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Figure 5.11: Sagittal section of the flow control valve

Figure 5.12: CAD model of the flow control valve (left) and integration in the
feed line during its characterization (right)

to relief the pressure caused by a movement of the pintle. An O-ring
sealing is used to separate the wet region of the flow control valve
from the leadscrew. This sealing configuration allows to use any type
of lubricant in the leadscrew even those that are not strictly Class A
compatible with HTP. The venturi is connected to the main body with a
precise threaded connection. Here the sealing is granted by an O-ring
in a groove at the base of the male thread. At the downstream end of
the venturi a double ferule connection is used to join the flow control
valve to the rest of the feed line. As it can be seen in figure 5.11 and
5.12, the flow enters with a 90° angle with respect to the downstream
exit, which is collinear to the pintle axis. On the opposite side of the
valve inlet there is a pressure transducer that is used to measure the
instantaneous upstream pressure.

The actuation consists of a stepper motor connected with an absolute
encoder. The stepper motor is dual shaft and two phase. The back
shaft is used to connect the motor with the encoder, using a flexible
joint. The angular encoder is based on Hall effect and allows to have an
absolute measure of the shaft angle. Motor and encoder are connected
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Figure 5.13: Experimental setup of the hybrid rocket motor throttling test

with an aluminum flange. For what concerns the connection between
the actuation and the valve, the front shaft of the stepper motor is
coupled with the pintle using a rigid joint. Stepper motor and valve
main body are connected using four rectified bolts that allow the
motion of the actuation system along the pintle axis while blocking
any kind of torque and bending.

The experimental setup used to exploit the throttling capabilities of
the swirl injection hybrid rocket motor has not been changed, except
for the flow control valve and the catalytic reactor, as shown in figure
5.13. The fixed area cavitating venturi has been replaced with the
variable area cavitating venturi, while the catalytic reactor has been
substituted with a system that uses a new catalytic material and has a
bigger chamber volume. The modifications of the catalytic reactor have
been introduced in order to reduce the pressure oscillations during the
firing tests, which have been found with the previous experimental
campaign and that are caused by the catalytic decomposition behavior.

Four tests have been performed to complete the experimental ana-
lysis of the swirl injection hybrid rocket motor: three sinusoidal wave
tests with a frequency of 0.1, 0.2 and 0.3 Hz respectively, and a step
test. In figure 5.14, 5.15, 5.16 and 5.17, the measured pressure plots and
the measured thrust profiles for the three sinusoidal wave throttling
tests and the step throttling test are reported.

During the sinusoidal wave tests the feed oxidizer mass flow ranged
from 30 g/s to 340 g/s and the hybrid motors have been ignited with
an oxidizer mass flow of 180 g/s. The tests lasted for thirteen seconds,
where three seconds have been allowed for ignition, while the throt-
tling sequence lasted for the remaining ten seconds. Since the length
of the throttling sequence has been kept constant for every test, the
number of waves changes from test to test. From the plots in figure
5.14, 5.15 and 5.16, it is possible to note that the pressure drop on
the catalytic reactor is about 4 bar at full oxidizer mass flow, while
the previous catalytic reactor had a much higher pressure drop. This
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Figure 5.14: Pressure (left) and thrust (right) of the 0.1 Hz test

Figure 5.15: Pressure (left) and thrust (right) of the 0.2 Hz test

Figure 5.16: Pressure (left) and thrust (right) of the 0.3 Hz test

Figure 5.17: Pressure (left) and thrust (right) of the step test
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Figure 5.18: Oxidizer rich underexpanded flame at high thrust (left) and fuel
rich overexpanded flame at low thrust (right)

effect has been obtained increasing the cross-section of the reactor and
changing the catalyst material. Another thing that can be noted is the
behavior of the motor at the very low oxidizer mass flow. Considering
the 0.1 Hz test, the HTP decomposition and the combustion process are
smooth, even for a combustion chamber pressures as low as 4.2 bar
and a correspondent catalyst reactor pressure of 5.2 bar. During igni-
tion such a low pressure can be problematic, but after ignition and
during throttling the catalyst reactor and the overall motor behavior
are very stable. If the thrust and the pressure profiles are compared,
the effect of the throat erosion can be observed: from wave to wave
the combustion chamber pressure decreases while the thrust profile is
nearly constant during the burning time.

The step test has been ignited at 180 g/s, then after four seconds
the oxidizer mass flow has been increased to 340 g/s for four seconds
and eventually lowered to 30 g/s for six seconds. During the test a
maximum thrust of 841.3 N and a minimum thrust of 66.8 N have been
achieved, leading to a throttling ratio of 12.6. From the plots in figure
5.17 it is again possible to observe the stable motor behavior for low
and high thrusts and the reduced pressure drop achieved with the
new catalytic reactor. The effects of throat erosion are evident on the
higher step, where there is a pressure drop from 42 bar to 37 bar when
the oxidizer mass flow is kept constant and equal to the maximum
value. However, the thrust is nearly constant. Due to the excessive
throat erosion, a combustion chamber pressure of 3.4 bar is reached
with a catalytic reactor pressure of 4.5 bar. Figure 5.18 shows the
plume comparison between the maximum and the minimum thrust.

A real-time throttling test has been performed to complete the
work carried out until now and to demonstrate the robustness of the
control loop applied to the hybrid rocket motor. During this test the
oxidizer mass flow injected into the combustion chamber has not been
controlled by a predetermined program sequence but by means of a
manual throttle. The throttle consists of a simple linear potentiometer
with a knob attached. The variation of the potentiometer position
results in a variation of a voltage signal that is read by the pintle
control system. The signal coming from the throttle is used to directly
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Figure 5.19: Pressure (left) and thrust (right) of the manual test

control the pintle position that in turns results in a control of the
inlet oxidizer flow. The minimum oxidizer mass flow that can be set
by the user is 30 g/s while the maximum one is 340 g/s. This range
corresponds to the one previously used in the predetermined throttling
fire tests. In case of a signal loss between the throttle and the pintle
control system, the maximum pintle stroke is limited mechanically
by means of four rigid plastic tubes that are co-axially connected to
the four rectified bolts of the flow control valve actuation. One single
manual throttling test has been performed and the measured results
are reported in figure 5.19. The thrust profile achieved during manual
throttling resembles a pyramid, with an average thrust higher than the
one of the predetermined throttling tests performed before. From the
plot it can be observed that both the combustion chamber pressure
and the thrust are very stable.

5.4 long burning time

The second motor configuration that has been analyzed uses an axial
injector with HTP and a paraffin-based fuel as propellant combination.
The Hybrid Propulsion Group of the University of Padova has been
working for a long time with this configuration of hybrid rocket
motors, gaining great experience on the design process.

The objective of the firing test is twofold [87, 102]: first, to demon-
strate the feasibility of the HTP and paraffin hybrid rocket motor for
long burning times; and second, to demonstrate paraffin liquid layer
behavior. To achieve these goals, a specific motor setup has been im-
plemented. This setup has been designed in order to properly survive
the severe thermal loads of such prolonged combustion and to allow
the measurement of the temperature in the paraffin grain at different
locations during the burning time. The test directly demonstrates the
feasibility of a small HTP and paraffin motor with a substantial long
burn. Considering that thermal and erosion issues are more significant
at small scales, the test indirectly demonstrates the feasibility of the
technology also for larger scales motors.
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In this configuration, the hot oxidant flow enters the combustion
chamber from the inlet flange and impinges on the grain surface,
igniting the paraffin grain. The thermal protections also take part in
the combustion process, providing the necessary ablative cooling ca-
pability, which prevents the metal casing from overheating. There are
mainly two heat paths to the metal casing: the first is through the inlet
catalytic flange, where the metal sees a temperature of about 1000 K;
the second is through the nozzle, and it is more dangerous, not only
because the flow temperature is beyond 2000 K but also because the
maximum heat transfer from the flow to the walls occurs at the nozzle
throat, as it is known from basic gas dynamics. For this reason, the
possibility of introducing an insulating material between the graphite
nozzle and the metal casing has been taken into consideration during
the design phase. However, a good insulation tends to increase the
graphite nozzle operating temperature, thus leading to an increase
of the nozzle throat erosion phenomena typically occurring in long
burning time tests. This in turn translates into a decreasing pressure
profile, instead of a constant one. Therefore, it has been decided
to give prior importance to stable pressure conditions, and thus no
insulating material has been used around the graphite nozzle.

The outside casing temperature has been measured at the beginning
and at the end of the combustion chamber. Moreover, the temperature
in the nozzle region on the outlet flange has been carefully monitored,
because no insulation of the graphite nozzle has been employed. Two
additional thermocouples have been inserted inside the paraffin grain,
at a depth of 10 mm from the grain external diameter. Their duty was
to monitor eventual temperature variations inside the grain during
the whole burning time.

During the firing test, the mass flow has been reduced to about
53 g/s in order to have the possibility of testing the long burn capabil-
ities of HTP and paraffin motors at a small scale. In fact, a higher mass
flow would increase the consumption of the fuel too much, leading
to a full grain depletion well before the end of the test. Moreover, a
reduced oxidizer mass flow is able to decrease the erosion rate of the
nozzle, which will help to maintain a constant value of the combustion
chamber pressure during the whole firing test.

The long burning time test has been completed successfully: no
particular issues nor combustion instabilities are reported. First of all,
the oxidizer mass flow measured by the potentiometer is presented
in figure 5.20. The use of the cavitating venturi ensures an approx-
imately constant oxidizer mass flow, and the small oscillations are
only related to the process of filtering the noise of the potentiometer
measurement. The most important performance parameter for the test
is the chamber pressure, which is shown in figure 5.20. The constant
trend of the plot of both pre- and post-combustion chamber pressures
demonstrates that the HTP and paraffin hybrid motor is suitable to
be used for long burning times, eliminating any doubt related to the
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Figure 5.20: Oxidizer mass flow (left) and pressure (right) of the long burning
time test

Figure 5.21: Temperature (left) and theoretical port diameter (right) of the
long burning time test

use of a paraffin grain for typical applications. Moreover, the pres-
sure oscillations, which can be reduced with an optimization of the
combustion chamber design, are currently less than 10 %, providing a
stable and efficient combustion. Two other conclusions can be derived
from the experimental data. First, the fuel rich mixture ratio prevents
the erosion of the nozzle throat, and the throat diameter measured at
the end of the burn confirms the pressure data. Second, assuming a
constant value of the characteristic velocity during the burn and be-
cause the oxidizer mass flow is held constant, the experiment confirms
once again that the regression rate exponent n is equal to 0.5 for the
paraffin-based fuel. This also leads to the conclusion that the mixture
ratio remains unchanged along the entire burning time.

At the end of the burn, only a little paraffin residual has been
found and the final weight measurements have been taken in order
to determine the paraffin regression rate. Subsequent post-processing
leads to the derivation of the regression rate constant value, which is
found to be a = 0.145 (this value is used to compute the regression
rate in mm/s with an oxidizer mass flux measured in kg/m2s).

Figure 5.21 shows the temperature variation during the burning
time for different points of interest. The two thermocouples inside
the paraffin, which have been placed 10 mm into the grain, measure
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an almost constant temperature (the same as the initial one) until
a steep increase is detected after about 55 s. Here the sensors are
exposed directly to the flame, and failure of the thermocouples (which
is expected) occurs. On the other hand, both the thermocouples on
the outer side of the metal casing experience a negligible temperature
variation, confirming that the external case has been well insulated
from the flame zone. Moreover, on the outer side of the nozzle, the
absence of any type of insulation around the graphite leads to a con-
tinuous increment of the temperature at this point, which is constantly
monitored and reaches 500 ◦C during the burn. At this temperature,
the yield stress of the carbon steel becomes approximately half that
at ambient temperature, but thanks to the battleship design of the
chamber, which employed a very high safety factor, there is no risk of
damaging the structure. Finally, the temperature of the decomposed
HTP has been monitored with a thermocouple inserted immediately
after the catalytic reactor.

It is interesting to notice that figure 5.21 also represents an important
validation of the regression rate relationship. In fact, plotting the curve
of the theoretical port diameter with the burning time, it is possible
to evaluate a circular port diameter of about 95 mm at 55 s, which
is approximately equivalent to the thermocouple depth of 10 mm: a
value that has been experimentally confirmed by the thermocouple
exposure to the direct flame. Moreover, figure 5.21 shows another
important point for a paraffin hybrid motor, namely that the paraffin
liquid layer blocks the heat penetration inside the grain during the
burn, preventing the entire grain from being melted by an increase in
temperature. In conclusion, this test demonstrates that paraffin could
be safely and effectively employed even for long burn applications.

Despite not being one of the goals of the long burning time test,
the average motor efficiency (evaluated by comparing the theoretical
characteristic velocity calculated with a thermochemical code [45]
and the measured value at the same mixture ratio) has been found
to be around 95 %, which is a very good value for a preliminary
configuration. However, this is expected because the motor is too long
for the low oxidizer mass flow employed in the test and consequently
the combustion reagents have enough space to completely mix and to
achieve an efficient combustion.
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F L I G H T W E I G H T M O T O R D E S I G N

In chapters 4 and 5 a hybrid rocket motor has been developed
and extensively tested. The design process follows two different
approaches. The first one is based on swirl injection of HTP burning
with a HDPE solid grain, while the second approach uses an axial
injector and a propellant combination of HTP and a paraffin-based fuel.
Swirl injection on its own guarantees high regression rates even with
polymeric fuels like HDPE (other alternatives are for example PMMA,
PS or nylon) and high combustion efficiency, while in the axial case a
paraffin-based fuel is employed to obtain the required regression rate
and a long post-combustion chamber is needed to ensure a complete
combustion. A mixing device like a diaphragm can be also used to
increase the combustion efficiency, having also the secondary effect of
slightly enhancing the regression rate [19, 20, 47].

In both cases the HTP is first forced to pass through a catalytic
reactor, where it decomposes into gaseous oxygen and water vapor at
a temperature of around 1000 K, and then is injected inside the motor
where its temperature is high enough to thermally decompose and
ignite the fuels that are commonly used.

6.1 configuration selection

Both the configurations have their own advantages and disadvan-
tages. For example, just to mention a few, swirl injection of HTP allows
to employ polymeric fuels that are characterized by higher thermome-
chanical properties compared to paraffin-based fuels. However, this
technology is sensitive to the catalytic reactor performance over time,
which can worsen due to the degradation of the catalytic material
properties. In fact, a partially liquid injection can drastically decrease
the swirl intensity with major effects on the grain regression rate, the
mixture ratio shift and the overall combustion efficiency. On the other
hand, the opposite applies to axial injection of HTP, which is more
robust in relation to the catalytic reactor degradation. This behavior
has been seen in numerous experimental tests that have been con-
ducted by the Hybrid Propulsion Group of the University of Padova,
confirming that after the ignition of the motor a biphasic mixture
injection does not affect the system performance. However, the axial
injection is generally coupled with paraffin-based fuels that have a
low melting temperature and softening point.

Nevertheless, depending on the intended application for the hybrid
rocket motor, a paraffin-based fuel can be used with swirl injection

107
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Figure 6.1: Ranges of adimensional reference web thickness

if very high regression rates are required, or a polymeric fuel can
be used with axial injection if the opposite is needed. During the
preliminary system analysis, it is possible to choose between the
different solutions. In order to decide which configuration is best
suited, it is first necessary to recall the definition of the adimensional
reference web thickness (3.29) that has been suggested in chapter 3:

wref =
aGn

0 tb

D0
(6.1)

It is adimensional because it is divided by the initial port diameter, and
it is called reference because it is not the actual motor web thickness
but it is the web thickness calculated as if the regression rate was kept
constant and equal to the initial one. The real web thickness is always
lower than the reference one because of the regression rate decay with
time.

The adimensional reference web thickness varies for each configura-
tion within a certain range that depends on the propellant combination
and to some extent on the overall system design. From a systems en-
gineering point of view, it is possible to tailor this parameter based on
the mission requirements changing the injection pattern, the fuel type
(also with the inclusion of energetic particles or other additives), the
initial oxidizer mass flux, the initial port diameter or the total burning
time. In figure 6.1 the ranges of adimensional reference web thickness
for the two proposed configurations are plotted. It is possible to see
that there are two opposite zones, respectively at the beginning and
at the end of the graph, where a single configuration is best suited
to the intended application. Moreover, the central area of the graph
represents an overlap region where it is necessary to make a trade-off
in order to choose the best approach, based on the advantages and
disadvantages of each configuration.
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Figure 6.2: CAD model section view of the swirl injection (top) and the axial
injection (bottom) expendable flightweight hybrid rocket motor

6.2 thermal analysis

The overall design that has been proposed up to know follows a
battleship approach and resulted in a heavyweight equipment for a
ground testing environment. However, several concerns arise when
the design rationale moves towards a flightweight version of the same
hybrid rocket motor. These issues are mainly related to the thermal
behavior of the system and to the erosion of the thermal protections.
For example, if the thermal protections are not sized correctly, the heat
flux that is conducted towards the motor case during the burning time
can increase the temperature of the material up to its operating limit
point or beyond. Moreover, considering the time frame that follows
the motor shutdown, the heat that has been accumulated in the system
during the burning time starts to increase the temperature of the solid
fuel grain and the motor case, which can reach or even overcome its
non-operating limit.

Two different cases have been analyzed for both flightweight config-
urations, namely an expendable hybrid rocket motor and a reusable
one, where the latter can be used either in single-fire or in multi-fire
mode. The term expendable is related to the fact that the motor is
structurally compromised already with the first firing, due to the ex-
cessive temperature increase of the motor case material that is heated
during the burning time and afterwards. A CFRP case has been em-
ployed for the expendable approach, while the reusable one uses an
inconel superalloy shell. In figure 6.2 the CAD models of the two
different expendable flightweight configurations are presented. The
advantage of using an inconel superalloy shell compared to a CFRP

case is that it is able to withstand much higher temperatures, having a
twofold result. The first one is trivial, that is the motor case itself can
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be sized to operate at relatively higher temperatures. The second one
is related to the non-linear behavior of the radiation with respect to the
temperature. Remembering the Stefan–Boltzmann law that describes
the power irradiated from a body in terms of its temperature:

q̇rad = εσT4 (6.2)

it is possible to understand that an inconel superalloy shell is also
able to dissipate a larger amount of heat through radiation, since the
material can reach higher temperatures compared to a CFRP case.

A monodimensional thermal analysis has been performed, for both
non-ablative and ablative thermal protections and using an inconel
superalloy motor case for all the configurations. The analysis is based
on a numerical code developed to describe the transient behavior of
hybrid rocket motors [5–7]. It considers the heat conducted through
the thermal protections, which is described by the Fourier equation:

∂T
∂t

= α∇2T (6.3)

The heat is conducted up to the inconel superalloy shell, which irradi-
ates the thermal energy to the outer space.

Some approximations have been introduced. The first one is the
monodimensionality of the analysis. For this reason, the heat is
conducted only perpendicularly to the thermal protection surface:

q̇cond = −λ
dT
dy

(6.4)

The second one is that the motor case is modeled as having zero
thickness and so it is described by just one node, meaning that the
whole inconel superalloy shell has the same temperature, which is also
equal to the temperature of the last node of the thermal protections.

Moreover, the cylindrical thermal protections are simplified as flat
plates. In order to verify this hypothesis and to demonstrate that the
planar configuration is on the safe side, a comparison between the
two cases has been done. Non-ablative thermal protections have been
chosen for simplicity. A carbon fiber reinforced carbon and silicon
carbide dual matrix composite with a thermal diffusivity of around
1.12× 10−5 m2/s has been selected as material. The inconel superalloy
shell is characterized by an emissivity of about 0.3, a limit temperature
during operation (characterized by high pressure) of 650 ◦C, and a
limit temperature during non-operation of 850 ◦C. In figure 6.3 the
temperature variation with time of each node inside the thermal
protections is presented. In figure 6.4 on the right, the temperature
variation with time is shown for the planar configuration, where
only the most internal and external nodes are plotted to facilitate
the visualization. In figure 6.4 on the left, the temperature variation
along the thermal protections thickness is presented, where only the
maximum temperatures reached during operation and non-operation



6.2 thermal analysis 111

are shown. In figure 6.5 it is possible to see the same results for the
cylindrical configuration.

The planar configuration is characterized by higher temperatures
and for this reason thicker thermal protections are required for the
same burn duration. This result can be seen from the maximum axial
coordinate in the aforementioned plots, which represents the thermal
protections thickness. For the same burning time of 100 s, the thermal
protections in the planar configuration have a thickness of 94 mm,
while in the cylindrical configuration only 47 mm are needed. This
phenomenon can be qualitatively understood remembering that the
internal surface of the thermal protections is heated from the reacting
gases of the combustion chamber, while the external surface conducts
the thermal energy to the motor case. In the cylindrical configuration
the thermal equilibrium gives lower temperatures with respect to the
planar configuration, because the inner surface is smaller compared to
the outer surface due to the geometrical shape.

Finally, the last assumptions are that all the materials are modeled
as homogeneous media with isotropic properties and that the ablative
thermal protections do not form char while burning.

In the next subsections, the thermal analysis for both non-ablative
and ablative thermal protections will be presented and discussed.
Four different flightweight configurations have been analyzed, namely
the expendable case, the single-fire reusable case, the non-spaced
multi-fire reusable case, and the spaced multi-fire reusable case. As
previously pointed out, the term expendable is related to the fact that
the motor is structurally compromised already with the first firing,
due to the excessive temperature increase of the motor case material
that is heated during the burning time and afterwards. Furthermore,
in the non-spaced multi-fire mode the motor is fired multiple times,
where the total burning time is equal to the single-fire mode, and the
different firings are separated by a waiting time comparable to the
burning time itself. On the other hand, in the spaced multi-fire mode
each firing is separated by a longer coasting phase. For example, in
this thermal analysis, a coasting phase of 90 min comparable to the
orbital period of a LEO orbit has been used.

6.2.1 Non-Ablative Thermal Protections

The first part of the analysis is the study of the configuration with
non-ablative thermal protections. A carbon fiber reinforced carbon
and silicon carbide dual matrix composite with a thermal diffusivity
of around 1.12× 10−5 m2/s has been selected as material. The inconel
superalloy shell is characterized by an emissivity of about 0.3, a limit
temperature during operation (that is characterized by high pressure)
of 650 ◦C and a limit temperature during non-operation of 850 ◦C. The
same burn duration of 80 s has been used for all four cases.
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Figure 6.3: Temperature variation with time of all the nodes in the planar
configuration (left) and the cylindrical one (right)

Figure 6.4: Temperature variation with time (left) and thickness (right) of the
planar configuration boundary nodes

Figure 6.5: Temperature variation with time (left) and thickness (right) of the
cylindrical configuration boundary nodes



6.2 thermal analysis 113

The expendable case needs a thermal protections thickness equal
to a = 61 mm in order to guarantee that the maximum operating
temperature does not exceed the operating limit. However, this thick-
ness is not enough to avoid any damage to the motor case during the
non-operating time, as it can be seen in figure 6.6.

ttp = a (6.5)

This damage is prevented in the single-fire reusable case, where
the thermal thickness protections is increased to b = 84 mm in order
to restrict the maximum non-operating temperature below the non-
operating limit, as shown in figure 6.7.

ttp = b > a (6.6)

It is important to underline that this relation of inequality can become
an equality if the difference between the operating temperature limit
and the non-operating temperature limit of the motor case material is
wide enough.

Another approach is to split the total burn duration in multiple
firings. However, looking at the results shown in figure 6.8 it is possible
to see that if the multiple firings are equal in duration and are spaced
by a time comparable to the burning time, than the thermal protections
thickness is bigger even compared to the single-fire reusable case. This
approach requires a thickness of c = 98 mm.

ttp = c > b (6.7)

In order to maintain the same thickness, the motor would have to op-
erate in a similar fashion than the “Achilles and the tortoise” paradox,
with continuously decreasing burns duration.

Much better results are obtained if the multiple firings are spaced
by a long costing phase, as it can be seen in figure 6.9. In this case the
thermal protections thickness is equal to d = 55 mm, which is smaller
even compared to the expendable case, just with three or more firings.

ttp = d < a (6.8)

Multiple firings of equal duration have been chosen. It is also possible
to have a slightly shorter first burning time in order to reduce the
number of firings required, since the motor starts from a different
initial condition and is not pre-heated from previous combustion.

6.2.2 Ablative Thermal Protections

The second part of the analysis is the study of the configuration
with ablative thermal protections. In order to include the consumption
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Figure 6.6: Temperatures in the expendable case

Figure 6.7: Temperatures in the single-fire reusable case

Figure 6.8: Temperatures in the non-spaced multi-fire reusable case

Figure 6.9: Temperatures in the spaced multi-fire reusable case
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of the thermal protections during the firing, the regression rate is
calculated with the Arrhenius equation:

ṙ = A exp
(
− Ea

RTw

)
(6.9)

A silica-phenolic composite with a thermal diffusivity of around
2.83× 10−5 m2/s has been selected as material. The inconel superalloy
shell is characterized by an emissivity of about 0.3, a limit tempera-
ture during operation (characterized by high pressure) of 650 ◦C and
a limit temperature during non-operation of 850 ◦C. The same burn
duration of 80 s has been used for all four cases. The results are similar
to the ones of the previous configuration with non-ablative thermal
protections.

The expendable case needs a thermal protections thickness equal to
a = 11.6 mm in order to guarantee that the maximum operating tem-
perature does not exceed the operating limit. Unlike the non-ablative
expendable case, the thickness is also enough to avoid any damage to
the motor case during the non-operating time, as it can be seen in fig-
ure 6.10. As it has been previously pointed out, the difference between
the operating temperature limit and the non-operating temperature
limit is wide enough to have the same results for the expendable case
and the single-fire reusable case, as shown in figure 6.12.

ttp = a = b (6.10)

In figure 6.11 and 6.13, the instantaneous regression rate is plotted
on the left, while the transient regression of the thermal protections
surface is shown on the right (denoted as rtr), together with the steady
value of the total regression (denoted as rst and calculated as rst = ṙtb)
and the thermal protections thickness (denoted as ttp).

Another approach is to split the total burn duration in multiple
firings. However, looking at the results shown in figure 6.14 it is
possible to see that if the multiple firings are equal in duration and
are spaced by a time comparable to the burning time, than the ther-
mal protections thickness is bigger even compared to the single-fire
reusable case. This approach requires a thickness of c = 12.3 mm.

ttp = c > b (6.11)

In order to maintain the same thickness, the motor would have to op-
erate in a similar fashion than the “Achilles and the tortoise” paradox,
with continuously decreasing burn duration. Again, regression rate
and regression information are shown in figure 6.15.

Much better results are obtained if the multiple firings are spaced
by a long costing phase (that has been reduced for computational
reasons), as it can be seen in figure 6.16. In this case the thermal
protections thickness is equal to d = 10.1 mm, which is smaller even
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compared to the expendable configuration, just with three or more
firings.

ttp = d < a (6.12)

Multiple firings of equal duration have been chosen. It is also pos-
sible to have slightly decreasing burning times in order to reduce
the number of firings required, since the thermal protections are con-
sumed during the subsequent combustions. Again, regression rate
and regression information are shown in figure 6.17.

6.2.3 Thermal Analysis Considerations

The thermal analysis that has been performed allows to understand
how to size the thermal protections and the outer shell in a hybrid
rocket motor. Different approaches are needed in order to satisfy
the requirements of the intended space application, depending on
whether an expendable motor or a reusable one is considered.

The obtained results depend on the properties of the materials. In
particular, the values of the temperature limits of the outer motor
case, both during operation (characterized by high pressure) or non-
operation, have a strong influence on the behavior of the system.
Moreover, a higher emissivity of the outer shell corresponds to the
dissipation of a larger amount of heat through radiation. However,
this effect is negligible during the burning time while is substantial
after the motor shutdown, when the motor is not heated up by the
reaction occurring inside the combustion chamber anymore.
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Figure 6.10: Temperatures in the expendable case

Figure 6.11: Thicknesses in the expendable case

Figure 6.12: Temperatures in the single-fire reusable case

Figure 6.13: Thicknesses in the single-fire reusable case
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Figure 6.14: Temperatures in the non-spaced multi-fire reusable case

Figure 6.15: Thicknesses in the non-spaced multi-fire reusable case

Figure 6.16: Temperatures in the spaced multi-fire reusable case

Figure 6.17: Thicknesses in the spaced multi-fire reusable case
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C O N C L U S I O N S

In recent years there has been a significant renewed interest in
hybrid propulsion for its unique features. Unfortunately, this technol-
ogy presents also several disadvantages, which caused the lack of its
widespread use for both military and commercial purposes. However,
most of these drawbacks can be solved through a correct design pro-
cess and choosing convenient approaches. This is not always a trivial
work and this is the reason why, despite many efforts, most of the
international contribution to this field is limited to conceptual designs
and laboratory-scale firing tests. Therefore, the following research
is focused on the development and testing of a small hybrid rocket
motor, considering in particular its possible space applications. The
final ambition of this work is to design a viable alternative to replace
conventional propulsive systems, demonstrating its high performance
and adaptability to different mission scenarios.

At the Center of Studies and Activities for Space “G. Colombo” of
the University of Padova, the Hybrid Propulsion Group is very active
in the development of hybrid rocket motors, primarily focusing on the
reduction of the inherent disadvantages of this promising propulsive
system. The presented research has been carried out within this group,
which has specific CFD codes, validated for different configurations
of hybrid motors, also benefiting of a test facility that is completely
equipped for burning tests up to about 10 kN sea-level thrust.

Hybrid rocket motors are generally not very flexible concerning
the motor configuration, and the packaging of the hybrid propulsion
system is strongly related to the sizing of the combustion chamber.
Therefore, it is fundamental to understand how the length, the exter-
nal diameter, the volume loading and the length to diameter ratio vary
with the design parameters such as scale, burning time, average mix-
ture ratio, initial oxidizer mass flux and propellant combination. The
use of explicit analytical tools has a strong beneficial effect, because it
clearly shows the fundamental parameters affecting the results and
their sometimes not intuitive dependencies. The key step has been
the definition of the relation between initial and average mixture ratio
and the asymptotic treatment with respect to the ratio between the
external and internal diameter. Moreover, an approximate explicit
semi-analytical expression of the instantaneous and average charac-
teristic velocities has been provided. The explicit analytical equations
have been validated with the exact implicit solutions showing good
agreement and exact asymptotic behavior.

After having characterized the hybrid rocket motor behavior, de-
fined its mission envelop, and understood the combustion chamber

119



120 conclusions

sizing, two different motor configurations have been designed. The
two solutions have been implemented in order to develop hybrid
rocket motors with high regression rate and high combustion effi-
ciency. The first approach is based on swirl injection of HTP burning
with a HDPE solid grain, while the second one uses an axial injector
and a propellant combination of HTP and a paraffin-based fuel. In both
cases the HTP is first forced to pass through a catalytic reactor, where
it decomposes into gaseous oxygen and water vapor at a temperature
of around 1000 K. The design has been numerically verified: first only
the injection system, and afterwards the whole combustion chamber.
The numerical investigation confirms that the pressure drop along the
injectors is about 5 % of the upstream pressure, and that all the motor
configurations exhibit a very high efficiency above 97 %.

In order to demonstrate that after a correct design process it is
possible to exploit the distinctive advantages of hybrid rocket motors
and that this propulsive technology has reached a high maturity level,
a thorough experimental campaign has been conducted. First, the
configuration with swirl injection has been tested, obtaining a high
efficiency, above 93 %, and a stable combustion. Thanks to the large
amount of experimental tests, where the same motor configuration
has been fired with different initial grain diameters, it has been possi-
ble to calculate the regression rate coefficients a and n for each swirl
injector. Moreover, a correlation between the geometric swirl number
and the coefficient a has been found, making it possible to tailor the
regression rate simply changing the swirl injector. This means that
the operational point of this particular hybrid rocket motor can be
adjusted to the specific mission requirements. The throttling capability
of this configuration has also been successfully verified with a real-
time deep throttling firing test that reached a throttling ratio of 12.6
and showed the fast dynamic response of the system. This is a signifi-
cant achievement because throttleability is a prized feature in rockets
motors since it allows to perform peculiar mission profiles, such as
soft landing. Afterwards, since paraffin-based fuels have been often
regarded with skepticism due to their low melting temperature and
softening point, the second configuration has been verified through a
long burn test that resulted in a successful operation of the motor with
an efficiency of around 95 %. Moreover, the liquid layer theory has
been validated by monitoring the temperature of the fuel grain during
the firing test. This outcome has shown that, for a paraffin hybrid
motor, the liquid layer blocks the heat penetration inside the grain
during the burn, preventing the entire grain from being melted by an
increase in temperature. In conclusion, this test has demonstrated that
paraffin could be safely and effectively employed even for long burn
applications.

The two configurations that have been developed and tested have
their own advantages and disadvantages. During the preliminary
system analysis, it is possible to choose between the different solutions,



conclusions 121

depending on the intended space application. In order to design a
propulsive system based on hybrid rocket motors that can actually
replace conventional propulsive systems, the problems that arise when
designing the flightweight version of the same heavyweight motor
have been analyzed. These issues are mainly related to the thermal
behavior of the system and to the erosion of the thermal protections. A
monodimensional thermal analysis has been performed, considering
both non-ablative and ablative thermal protections. Two different cases
have been considered, namely an expendable hybrid rocket motor and
a reusable one, where the latter can be used either in single-fire or
in multi-fire mode. The obtained numerical model allows to size the
thermal protections in order to efficiently withstand the thermal loads.
Different approaches are needed in order to satisfy the requirements
of the intended mission, depending on whether an expendable motor
or a reusable one is considered.

Much work has been done to carry out the presented research and
great outcomes have been achieved. Hybrid rocket behavior and motor
sizing have been analyzed and two different heavyweight configura-
tions have been developed and successfully tested. Both solutions are
perfectly suitable to several space applications, such as orbit insertion
motors for small satellites, orbit raising and station keeping motors
for orbit transfer vehicles, reentry systems, and throttleable motors for
planetary soft landing. Generally, such space missions have a thrust
that ranges between 100 N and 1000 N. The motor thrust depends
on both the required ∆v for the mission and the size of the satellite,
and for this reason it can be scaled according to the payload weight.
Moreover, it has been demonstrated that it is feasible to develop a
hybrid rocket motor that can fulfill the requirements of an actual space
application with high performance, thus representing an alternative
solution compared to liquid or solid motors. Some issues coming from
the flightweight design of the same heavyweight motor have been
assessed. However, more work is needed before being able to realize
an actual hybrid rocket motor for space applications in a flightweight
version. For example, a more detailed thermal analysis of the hybrid
rocket motor is required, before moving to the actual manufacturing
and testing of the flightweight equipment. These firing tests, possibly
performed in a vacuum environment to evaluate the actual in-space
performance, are required in order to validate the numerical results
and to refine the final design. Ad maiora semper!





A C R O N Y M S

CAD Computer-aided design
CFD Computational fluid dynamics
CFRP Carbon fiber reinforced polymer
ESA European Space Agency
GOX Gaseous oxygen
HDPE High-density polyethylene
HTP High-test peroxide
HTPB Hydroxyl-terminated polybutadiene
LEO Low earth orbit
LOX Liquid oxygen
NASA National Aeronautics and Space Administration
ONERA Office National d’Etudes et de Recherches Aérospatiales
P&ID Piping and instrumentation diagram
PLC Programmable logic controller
PMMA Polymethylmethacrylate
PS Polystyrene
RANS Reynolds-averaged Navier-Stokes
RFNA Red fuming nitric acid
SARA Satélite de reentrada atmosférica
SHERPA Shuttle expendable rocket for payload augmentation
SPARTAN Space research for throttleable advanced engine
TNT Trinitrotoluene
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latin letters

A Area, Arrhenius pre-exponential factor
a Acceleration, regression rate constant
B Blowing parameter
c Specific heat capacity
c? Characteristic velocity
CD Discharge coefficient
CF Thrust coefficient
C f Skin friction coefficient
cp Specific heat capacity at constant pressure
D Diameter, diffusion
Da Damköhler number
Ea Activation energy
F Thrust
G Mass flux
g0 Standard gravitational acceleration
h Entalpy
hv Heat of vaporization
Isp Specific impulse
k Absorption coefficient, turbulent kinetic energy
L Length
Lv Laten heat of vaporization
Le Lewis number
M Mass
m Regression rate length exponent
ṁ Mass flow
Ma Mach number
N Number
n Regression rate mass flux exponent
P Pressure
Pr Prandtl number
q̇ Heat flux
R Diameter ratio, radius, universal gas constant
r Regression
ṙ Regression rate
S Sink, source
Sc Schmidt number
SF Safety factor
SN Swirl number
St Stanton number
T Temperature
t Thickness, time
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v Velocity
VL Volume loading
w Web thickness
X Mass fraction
x Combustion chamber axial coordinate
y Coordinate perpendicular to the surface

greek letters

α Absorptivity, divergent angle, thermal diffusivity
γ Heat capacity ratio
ε Emissivity, error, expansion ratio, mass flow contribution
η Efficiency, flame position
ϑ Temperature ratio
λ Thermal conductivity
µ Dinamic viscosity
ν Kinematic viscosity
$ Density
σ Stefan–Boltzmann constant, tensile strength
τ Shear stress, time scale
Φ Fluid unknown, velocity ratio
ϕ Mixture ratio
ω Specific dissipation rate

subscripts

0 Initial, reference, total
a Ambient
avg Average
b Burning
c Chemical
cc Combustion chamber
cond Conductive
conv Convective
cpf Cotton-phenolic flange
cyl Cylinder
D Diameter
e Edge, exit
ex Experimental
ext External
F Thrust
f Final, fuel
fl Flame, flange
fun Function
g Gas, geometric
gr Grain
h Hole
in Initial
int Internal, intersection
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lim Limit
m Molar
max Maximum
min Minimum
nop Non-operating
num Numerical
op Operating
opt Optimum
ox Oxidizer
P Pressure
p Port, propellant
post Post-combustion chamber
pre Pre-combustion chamber
R Relative
rad Radiative
ref Reference
s Soot
sat Saturation
st Steady
t Throat, turbulent
th Theoretical
tot Total
tp Thermal protection
tr Transient
up Upstream
vac Vacuum
w Wall
x Axial, local
ϑ Tangential
Φ Fluid unknown
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